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INTRODUCTION 


The conference on Turbojet -Engine Thrust-Augmentation Research 
was organized by the BACA to present in summarized form the results 
of the latest experimental and analytical investigations conducted 
at the Lewis Flight Propulsion Laboratory on methods of augmenting 
the thrust of turbojet engines. 

The technical discussions are reproduced herewith in the same 
form in which they were presented. The original presentations in 
this record are considered as complementary to, rather than substi- 
tutes for, the Committee's system of complete and formal reports. 

A list of the conferees is included. 


NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 
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ANALYSIS OF EFFECT OF TAIL-PIPE- BURNER DESIGN PARAMETERS 
OIT THRUST AUGMENTATION 
By Eugene J. Manganiello 
Lewis Flight Propulsion Laboratory 


•' ' INTRODUCTION - 

The tail-pipe-burning method of thrust augmentation for turbo- 
jet engines consists of introducing and burning fuel between the 
turbine and the exhaust nozzle of the engine. The increased tem- 
perature- of the exhaust gases results in increased jet velocity and 
hence increased thrust. Tail-pipe burning, or afterburning or 
reheat, as it is sometimes designated, is not only an augmentation 
device for improving the take-off and high-speed performance of 
aircraft, but also the complete configuration may be considered as 
a distinct engine type for flight at supersonic speeds. 

A theoretical analysis of tail-pipe burning is reported in 
reference 1 wherein generalized charts are presented that permit 
convenient estimation of tail-pipe-burning, performance.- for various 
design and operating conditions. In this paper, results of the 
investigation of reference 1 are reviewed and extended with par- 
ticular attention to the effect of burner design parameters on 
augmented and normal engine performance. Consideration is also 
given to the correlation of tail-pipe-burner blow-out limits with 
flight' operating conditions . 


METHODS 

Schematic diagrams of normal and. tail-pipe-burning engine 
configurations are shown in figure 1. The two engines are the 
same except, of. course, for their tail pipes. In the normal con- 
figuration (fig. .1(a)), the turbine-outlet gas is diffused slightly 
to the exhaust-cone-exit plane and flews to the jet nozzle through 
a simple tail pipe of a length dictated by the airplane installation. 

In. the tail-pipe-burner -configuration (fig. (1(b)), the turbine- 
outlet gas is diffused to the burner- inlet plane where fuel is 
injected. In some designs fuel is injected at various positions 
in the diffuser. Flame holders are located downstream of the 
fuel- injection nozzles to furnish the stagnation regions and the 
turbulence necessary for combustion, and a suitable length of 



tail pipe is provided to permit completion of combustion before 
reaching the exhaust nozzle. 

The tail-pipe-burner- inlet velocities must be sufficiently 
low to avoid excessive pressure losses and to insure satisfactory 
combustion. Accordingly, the system ^requires more diffusion and 
a tail pipe of greater area than the normal engine. The exhaust 
nozzle must also be larger than that of the normal engine because 
of the increased gas volume associated with the higher temperature 
and must be adjustable (either two-position or continuously var- 
iable) in order to provide for operation under both normal and 
augmented conditions. 

Calculations were made to investigate the effect on engine 
performance of the following tail-pipe-burner and engine design 
parameters : 

1. Diffuser efficiency T) d , considered herein as adiabatic 


2. Burner- inlet velocity 

3. Burner drag coefficient .C D , defined as total frictional 

pressure drop across tail-pipe burner divided by burner- 
inlet dynamic head 

4. Burner- outlet gas temperature T-^ 

5. Exhaust-nozzle velocity coefficient C V> defined as ratio 

. of actual to theoretical jet velocity and equal to square 
root of- exhaust-nozzle efficiency (on energy basis) 

6. Turbine-outlet 'velocity V^- 

7. Turbine -outlet . pressure or engine compressor pressure 

ratio . 

The additional symbols used herein are: 
p static pressure 


efficiency on energy basis between turbine-outlet and 


burner- inlet stations 
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E gas constant 
t static temperature 
7 ratio of specific heats 
Subscripts : 
b burner inlet 


t turbine outlet 

The effects of these design parameters were calculated for a 
range of flight Mach numbers at sea level and 35,000 feet altitude. 

The engine assumptions used in the calculations are: 

Compressor pressure ratio at sea level and flight Mach number 
of zero (At other flight conditions the pressure ratio was 
varied to meet the condition of constant rotative speed, that 
is, constant work input per pound of air; for example, at sea 
level and a Mach number of 2, the pressure ratio is 2.4.) . . .4 

• /P 2 
l0g \P _ 

Compressor polytropic efficiency, 2Lli l.iz 0.80 

, log (§) 

Turbine polytropic efficiency, — =4- 0.85 

7_i , ( F t\ 

logi — 

V 4/ 

Turbine-outlet temperature corresponding to turbine- 

■ inlet temperature of 1.960° E, °E 1650 

Combustion efficiency . . 0.96 

Primary combustion- chamber pressure drop divided 

by combustion- chamber- inlet pressure .... 0.03 

Exhaust-nozzle velocity. coefficient (normal engine) 0.975 

Engine inlet- diffuser polytropic efficiency, 

• . I l\ 

log !=-,] 

• 7-1 • Vo/ 

log (l + It) 

Flight Mach: number up to 1 (For flight Mach numbers 

above 1, the diffuser efficiency was reduced 0.1 per 

unit increase in Mach number; for example, at a Mach 

number of 2-, the efficiency was 0.75.) 0.85 


The additional symbols are: 


M Mach number 

P total pressure 

T total temperature 

Subscripts: 

0 free stream 

1 compressor inlet . 

2 compressor outlet 

4 turbine inlet 

The foregoing ■assumptions are, for the most part, fairly con- 
servative and represent an average of the performance of various 
present day engines. The inlet- diffuser efficiency values, which 
are representative of the performance of convergent-divergent-type 
diffusers, are conservative compared to values currently being 
obtained experimentally with other types of supersonic diffuser. 

The performance of ,.tlie normal engine for the different flight 
conditions was calculated by step-bjr-step methods and the per- 
formance of the tail-pipe-burner configuration was calculated 
from the normal engine performance by the methods of reference 1. 
Dissociation was taken into account in the calculations of fuel 
consumption for the tail-pipe-burner configuration, and the com- 
bustion efficiency "was assumed to be 0.96 as for the primary engine 
combustion chamber. The normal engine was assumed to have no tail- 
pipe pressure losses; that is, the exhaust-nozzle-inlet total pres- 
sure was taken equal to the turbine-outlet total pressure. Inasmuch 
as the calculations were made for constant turbine-outlet tempera- 
ture it is implicitly assumed that the exhaust-nozzle area is 
adjusted to the proper value at all operating conditions. 

The data and calculations involved in the correlation of tail- 
pipe-burner blow-out limits are. based upon the results of experi- 
mental investigations with a current turbojet engine and tail-pipe 
burner . 
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EESIJLTS AND DISCUSSION 


The effects of design parameters on augmented and normal 
engine performance are presented in figures 2 to 9 and the informa- 
tion pertaining to blow-out limits is given in figures 10 and 11. 


Augmented and Normal Engine Performance 

Gas te mperature and inlet velocity, - The ratio of augmented 
to normal thrust is plotted in figure 2 against tail-pipe- exit gas 
temperature for a range of burner- inlet velocities from 200 to 
750 feet per second. The results in figure 2(a) are for sea-level 
altitude, flight Mach number of zero, turbine- outlet velocity of 
750 feet per second, diffuser efficiency of 80 percent, burner drag 
coefficient of 1, and exhaust-nozzle velocity coefficient of 0.975, 
which is the same as' that assumed for the normal engine. The nor- 
mal thrust used as the basis of augmented ratio is that calculated 
for the engine with a normal or conventional tail pipe. 

The augmented thrust ratio increases with increase in tail- 
pipe gas temperature as a result of the • accompanying increase in 
jet ’velocity and decreases with increase in burner-inlet velocity 
•because of increased friction and momentum pressure drop across 
the burner. At a gas temperature of 3600° R and a burner- inlet 
velocity of 400 feet per second, the augmented thrust is 1.45 times 
the normal thrust. At the same temperature but at an inlet veloc- 
ity of 700 feet per second, the augmented thrust ratio is reduced 
to 1.2. At high burner-inlet velocities (700 and 750 ft/sec), the 
maximum augmentation is limited to the end points of the curves 
because of thermal choking, which limits the maximum temperature 
that can be realized without affecting the engine operating con- 
ditions. 

The effect of .the tail-pipe burner on engine performance for 
the condition of no afterburning is shown by the results at tail- 
pipe gas temperature equal to turbine -outlet temperature, that 
is, 1650° R. At a burner- inlet velocity of 400 feet per second, 
the augmented thrust is about -97 percent of the normal engine 
thrust, and at an inlet .velocity of 700 feet per second, the thrust 
is reduced to 93 percent of the normal engine thrust. These losses 
are a result of the diffuser inefficiency and the friction drag of 
the burner and correspond to total-pressure-lo.ss ratios — of 

• . . • Pb 
0.04 and 0.085 at 400 and 700 feet per second* respectively. These 

losses in normal thrust and those indicated in subsequent curves 

are higher than would be obtained in practice for the same design 
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conditions "because they are based on zero pressure loss in the nor- 
mal engine tail cone and tail pipe.' 

Thus low burner- inlet velocity is not only desirable for 
obtaining high thrust augmentation but also for minimizing the 
loss of normal or nonaugmented thrust. In addition, low velocity 
is required for satisfactory combustion efficiency and stability 
as is discussed in the second and third papers of this series. 

The effects of tail-pipe gas temperature and burner- inlet 
velocity are illustrated in figure 2(b) for altitude of 35,000 feet 
and flight Mach number of 1.50. Again the ratio of augmented to 
normal thrust is plotted against tail-pipe gas temperature for a 
range of burner- inlet velocities. The values of the design param- 
eters are the same- as in figure 2(a)'; but the normal engine thrust 
used as the base for the augmented ratio is changed to the value 
corresponding, to the new flight conditions. Effects similar to 
those illustrated ,fn figure 2(a) are obtained, however change in 
inlet velocity results in only about half as much percentage change 
in the augmented thrust ratio as occurs at sea level and zero 
flight Mach number. The smaller effects are due to the fact that 
at a higher pressure ratio across the exhaust nozzle (as exists at 
the high Mach number condition) a given percentage change in pres- 
sure loss produces a smaller change in thrust. than; at a lower pres- 
sure ratio across the. nozzle. The higher values. of augmentation 
indicated are due to the higher flight Mach number and not the 
higher altitude as is illustrated in a subsequent figure of this 
paper. 

Turbine -outlet v elo city and dif fuser efficiency. - In figure 3, 
augmented- to-normal thrust ratio is plotted against -turbine-outlet 
velocity for a tail-pipe gas temperature of 3900° B and diffuser 
efficiencies of 100, 00, and 60 percent. A similar' set of curves 
is included for a gas temperature of 1650° E in order to illustrate 
the performance at nonburning conditions. These results are for 
sea-level altitude, zero flight Mach number, burner- inlet, velocits* - 
of 400 feet per second, drag coefficient of 1, and exhaust-nozzle 
velocity coefficient of 0.975. 

For a diffuser efficiency of 100 percent, both the augmented 
and normal thrust remain constant with change in turbine -outlet 
velocity; but for the more realistic values of diffuser efficiency, 
the performance decreases progressively with increased turbine- 
outlet velocity and decreased diffuser efficiency. For example, 
at a diffuser efficiency of 80 percent, the augmented thrust ratio 
decreases from about 1.43 at 800 feet per second to 1.43 at 
1200 feet per second for the afterburning condition and from 



0.97 to 0.95 for the noriburning condition. With a diffuser effi- 
ciency of 60 percent, the adverse effects of increased turhine- 
outlet velocity are greater. 

The curves of figure 3 illustrate the desirability of design- 
ing the turbojet engine. with a low turbine-outlet velocity in order 
to realize high augmentation and to minimize penalties during non- 
burning operation.- Alternatively, if the engine has a high 
turbine -outlet velocity, the designer should make every effort to 
obtain a high diffuser efficiency. 

Burner drag coeffici ent . - In figure 4 the augmented- to- 
normal thrust ratio is plotted against burner drag coefficient for 
burner-inlet velocities of 200, 400, and 600 feet per second, and 
for tail-pipe gas temperatures of 3800° (augmented condition) and 
1650° B (nonburning condition) . These curves are for sea-level 
altitude, zero flight Mach number, turbine -outlet velocity of 
750 feet per second, diffuser efficiency of 80 percent, and exhaust 
nozzle velocity coefficient of 0.975. 

As might be expected the ratio of augmented to normal thrust 
is not appreciably affected by -increase in burner drag at low 
burner-inlet velocities. At the higher inlet .velocities, however, 
the adverse effects of high, drag coefficient are of significant 
magnitude; for example, at 600 feet per second, an increase in drag 
coefficient from 0.5 to 2 reduces the augmented- to -normal thrust 
ratio from 1.39 to 1:23 for the 3800° B- gas temperature condition 
and from 0.98 to 0.89 for the nonburning condition.- At 400 feet 
per second, which may be considered’ a desirable design value for 
burner- inlet velocity, the loss In performance with increase in 
drag coefficient is about 40 percexit as much as at 600 feet per 
second. Although low burner drag is advantageous for obtaining 
maximum thrust, some drag is necessary for satisfactory combustion 
as is discussed in the second and third papers of this series. 

ITo zz le v elocit y coef ficient. - In figure 5 the ratio of aug- 
mented to normal thrust is plotted against nozzle velocity coeffi- 
cient for sea-level altitude, tail-pipe gas temperatures of 3800° 
and 1650° B, and flight Mach numbers of 0, Q.75, and 1.50. For 
these calculations, the turbine-outlet velocity was 750 feet per 
second; diffuser efficiency, 80 percent; burner- inlet velocity, 

400 feet per second; and drag coefficient, 1. The variation in 
nozzle velocity coefficient applies only to the tail-pipe- burner 
conf iguration, that is, the normal engine thrust used as the base 
of the augmented ratio is calculated for a constant value of the 
coefficient of 0.975. 
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The augmented- to-normal thrust ratio decreases linearly with 
decrease in nozzle velocity coefficient, the decrease being 
greater at the high than at the low flight Mach numbers . For 
example, decrease in nozzle coefficient from 0.975 to 0.850 for 
the augmented condition results in a 13 percent reduction in 
thrust ratio at 0 Mach number and 23 percent reduction at 1.50 Mach 
number. For the nonburning condition, the thrust reductions are 
13 percent at 0 Mach number and 42 percent at 1:50 Mach number... 

The percentage decrease in high-speed thrust accompanying decrease 
in nozzle velocity coefficient is thrust of greater magnitude for 
the nonaugmented than for the augmented condition. This situation 
is aggravated by the fact that variable-area exhaust nozzles are 
more difficult to design for high velocity coefficient in the closed 
position corresponding to nonburning operation than in the open 
position corresponding to tail-pipe-burning operation. 

Fli ght c onditions . - The effect of flight Mach number on tail- 
pipe-burning performance has already been partially indicated, 
however, in order to give a more complete and direct representar 
tion of the effects of flight operating conditions, figure 6 has 
been prepared wherein the ratio of augmented to normal thrust is 
plotted against flight Mach number for altitudes of sea level and 
35,000 feet. The tail-pipe design parameters are the reference 
values used in preceeding figures. Included for references are 
curves of the thrust of the normal engine configuration divided 
by the thrust obtained' at sea-level altitude and zero Mach number; 
a subscript 0 has been used to indicate that the base thrust is 
for the sea-level, zero Mach number condition. 

The somewhat wavy curve of sea-level normal thrust is the 
result of the combined effects of changing air flow, pressure ratio, 
propulsive efficiency, and inlet -diffuser efficiency that accompany 
change in flight Mach number. If a higher inlet -diffuser efficiency 
had been assumed, the decrease in thrust at high Mach number would 
not have occurred until a higher flight speed. The 35,000-foot 
curve is lower than the sea-level curve because of the decreased 
air density at altitude. It does not fall off as rapidly as the 
sea-level curve at the high Mach numbers because of the lower air 
temperature and the consequently higher permissible heat addition 
before the turbine. 

The augmented- to-normal thrust ratio increases considerably 
with increase in Mach number but is not appreciably affected by 
altitude up to Mach numbers of about 1.0. At higher Mach numbers, 
•the sea-level augmentation is greater than the high altitude aug- 
mentation, attaining a value 4 times the normal thrust at a Mach 
number of 2.0 compared with a value of 2.7 times the normal thrust 




at 35,000 feet altitude. A large portion of this reduction is due 
to the decrease in normal thrust, for the sea- level high-speed 
condition. 

The corresponding specific fuel consumptions are shown in fig- 
ure 7 plotted against Mach number for sea level and 35,000 foot 
altitudes. The normal fuel consumption increases rapidly with 
increased flight Mach number, varying from 1.1 pounds per hour per 
pound of thrust at sea level and. 0 Mach number to 2.6 pounds per 
hour per pound of , thrust at 2 .0 Mach- number. The normal consump- 
tion is from, 9 to 30 percent lower at the 35,000-foot-altitude 
condition than at sea level because: of the lower atmospheric air 
temperature. The total fuel consumption for the augmented condi- 
tion at sea level varies from about 2.5 times the corresponding 
normal fuel consumption at 0 Mach number to 1.25 times the normal 
consumption at 2.0 Mach number. At an altitude of 35,000 feet, the 
augmented consumption is about 17 percent lower than at sea level 
and, at a Mach number of 2.0, is 1.5 times the corresponding normal 
consumption. 

Pressure ratio. - The effect of change in engine compressor 
pressure ratio is illustrated in figure 8 where the ratio. of aug- 
mented to normal thrust is plotted , against flight Mach number at 
the 35,000-foot-altitude condition; for design pressure ratios of 
4 and 8. The engine with the design pressure ratio of 4 is the 
reference engine used for all previous calculations . The other 
engine is assumed' to have the same component efficiencies and 
design conditions as the reference engine except for the higher 
pressure ratio. Similar to the reference engine, the design pres- 
sure ratio of 8 pertains to the sea- level, zero Mach number condi- 
tion. At the 35, 000-f oof-altitude condition in figure 8, the 
actual pressure ratio., varies from,. -5. 3 at Mach number of 2,0 to 
12.4 at Mach number of Q. The .-.corresponding pressure ratios for 
the reference engine are between 3.0 and 5.6. The tail-pipe- 
burner conditions are the same as those used in figure 7. 

Included for reference is the normal thrust of each engine 
divided by the normal thrust of the- engine with a pressure ratio 
of 4 at the sea-level, zero Mach number condition, designated by 
the subscripts 0, 4. The high-pressure engine develops more 

than 100-percent-higher normal thrust than the low-pressure engine 
at 0 Mach number and about 60 percent more at 2.0 Mach number. 

The augmented- to-normal thrust ratio of -the high-pressure engine 
is only between 6 and ll percent higher than that of the low- 
pressure engine; however, the actual augmented thrust is much 
greater because of the higher .normal thrust. 1 



The corresponding specific fuel consumptions of the two 
engines are compared in figure 9. For the normal -engine configu- 
ration, the high-pressure. engine shows a 15 -percent-lower fuel 
consumption than the 'low-pressure engine at 0 Mach number and a 
few-percent-lower. consumption at 2.0 Mach number. For the aug- 
mented condition the high-pressure engine provides about- 8-percent- 
lower fuel consumption than., the low-pressure engine -at 0 Mach num- 
ber and slightly higher cons.umption at 2.0 Mach number. ' Thus from 
figures 8 and 9 it. .-appears that, higher’ pressure ratio engines than 
those in current use -'are advantageous both for normal, •■and tail- 
pipe-burning operation- for .'the., range of flight Mach, numbers 
considered. - ‘ ’ <>»?. 

. i.vi " , -..o- 

. Altitude Limits 

. • iyj’- 1 '- ' ' ’ 

The discussion thus far has dealt with the thrust and fuel 
consumption of tail-pipe burners. Another ' important performance 
criterion is the., combustion stability or blow-out limits of the 
burner, which determine the maximum altitude at which the burner 
will operate. ' Such information cannot be readily predicted.. from 
analysis but must be obtained experimentally in altitude test 
chambers, altitude tunnels, or in flight. Analysis can, however, 
provide methods for generalizing the blow-out data and., thus deduce 
the amount of testing required, to establish the altitude/ limits . 

Experience' with- turbo jet .and ram- jet engine Combustion cham- 
bers indicated ; that .-the- combustion blow-out of -a' given configura- 
tion and fuel-aid' ratio'. is affected by combustion-chamber- inlet • 
velocity, inlet temperature, and inlet pressure-. Tail-pipe-burner 
blow-out should be affected by the -.same parameters; accordingly, 
figure 10 illustrates the variation- -of tail-pipe-burner- inlet 
temperature, velocity, and static pressure with flight Mach number 
and altitude for a current turbojet engine operating at rated 
engine speed. . ■••-. '••'■ ... .' ‘- "’j,.?. 

Over the range of. .flight Mach number and altitude., ..the burner- 
inlet or turbine-outlet temperature is held.. .constant at the maximum 
permissible value by varying either .the exhaust-nOzzie... area or the 
burner fuel flow. The. corresponding turner- inlet velocities are 
substantially constant with flight Mach number, but decrease with 
increased altitude, the change being • smaller at high altitudes. 
Between 20,000 and 40,000 feet, burner- inlet, velocity decreases 
about 6 to 10 percent. This variation is characteristic of the 
particular engine under consideration. Other engines for which 
data have been obtained at the Lewis -laboratory indicate an even 
smaller change in burner- inlet velocity with flight conditions and 
in some cases the change with altitude is in the opposite direc- 
tion to that shown in figure 10. 
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The burner- inlet pressure increases with increase in flight 
Mach number and decreases with increase in altitude. At a Mach 
number of 1.0, the pressure at 20,000 feet is. double that at 

40.000 feet. Thus the variation of inlet pressure with flight 
operating conditions is considerably greater than the variation 
of the other inlet conditions. It might. ..then, be expected that 
altitude blow-out data for constant engine, speed could be corre- 
lated simply with burner-inlet pressure. . 

Such a correlation is illustrated in figure 11 for a typical 
tail-pipe burner on the same engine used in figure 10, again 
operating at rated engine speed and constant turbine-outlet tem- 
perature. Lines of constant burner-inlet pressure as obtained 
from normal engine-performance characteristics are plotted on 
coordinates of flight Mach number ana altitude. Each line in 
figure' 11 represents the combinations of altitude and Mach number 
at which the particular pressure is obtained in the tail pipe. 

The data points represent experimentally determined blow-out 
limits for the specific tail-pipe burner; for example, at a Mach 
number of 0.3, blow-out occurred at 32,000 feet altitude, and at 
a Mach number of 0.97, blow-out occurred at an altitude of 

41.000 feet. 

Higher altitude limits than these have been obtained with 
other tail-pipe burners; however, the data for this particular 
burner serve to illustrate general trends. Because blow-out is 
sensitive to small differences in operational technique, the data 
do not delineate a definite curve of altitude limit but indicate 
a band of altitude (5000 to 8000 ft wide) in which blow-out may 
occur. Similar bands of blow-out limits are generally obtained 
in testing other burners. 

The data tend to fall within a band of constant pressure 
lines, in this case between 20 and 25 inches of mercury. It 
thus appears that if the altitude blow-out limit for a tail- 
pipe burner is obtained at one flight Mach number, the limits 
for other Mach numbers can be predicted from a knowledge of 
flight operating characteristics of the engine. Tail-pipe fuel- 
air ratio has considerable effect on altitude limits; in these 
tests the fuel-air ratio did not, however, have to be varied 
appreciably to maintain constant turbine-outlet temperature over 
the range of flight operating conditions. Similar data will have 
to be obtained with other engines and other tail-pipe burners 
before this method can be unreservedly accepted. 
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SUMMARY OF RESULTS 

This theoretical investigation indicated the desirability of 
designing tail-pipe burners with low burner- inlet velocity, low 
burner drag, high diffuser efficiency, and high exhaust-nozzle 
velocity coefficient. These design criteria are considered 
essential not only for obtaining high augmentation, but also for 
minimizing the loss in normal engine performance during non- 
burning operation. Low turbine-outlet velocity was shown as a 
favorable engine design characteristic for tail-pipe-burning 
application, and higher pressure ratios than those currently 
used appeared to be advantageous for flight Mach numbers up to 
at least 2.0. Thrust augmentation increased considerably with 
increased flight Mach number but it was not appreciably affected 
by altitude except at Mach numbers above 1 where augmentation 
decreases with increased altitude. The total specific fuel con- 
sumption during tail-pipe-burning operation is about 2.5 times 
the normal consumption at sea level and 0 flight Mach number 
but was only 1.5 times the normal consumption at 35,000 feet 
altitude and a Mach number of 2.0. 
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Figure 1. Normal and tail-pipe-burner engine configuration. 
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Figure 2. - Effect of tail-pipe-exit gas temperature and burner- 
inlet velocity on augmented ion. 
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Figure 2. - Concluded. Effect of tail-pipe-exit gas temperature 
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Figure 4. — Effect of burner drag and burner— inlet velocity on 
augmentation. 
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Figure 5. — Effect of tail-pipe-burner nozzle velocity co- 
efficient on augmentation* 
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Figure 7. - Effect of flight conditions on fuel consumption. 


VT*0T 


NORMAL THRUST AUGMENTED THRUST 

NORMAL THRUST( 0}4 ) NORMAL THRUST 


) 





ALTITUDE, 35,000 FEET 

Figure 8, - Effect of compressor pressure ratio on augmentation. 
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Figure 10. - Tail-pipe-burner conditions for turbojet engine. 
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EXPERIMENTAL -INVESTIGATION OF TAIL- PIPE-BURNER 
DESIGN VARIABLES 
By Alfred ¥. Young 
Lewis Flight Propulsion Laboratory 


INTRODUCTION 

Designers of tail-pipe burners for turbojet engines have been 
handicapped by a lack of specific information that would help in 
the selection of suitable burner diameter and length, flame-holder 
type and size, diffuser shape, exhaust nozzle, fuel system, and 

ignition system. During the past 2 ~ years, several experimental 

6 

investigations of tail-pipe burning have been conducted at the NACA 
Lewis laboratory with three engine types and dozens of tail-pipe - 
burner configurations. Many of these burner configurations demon- 
strated the progressive effect of changing a single design variable. 
Most of the configurations were investigated over a wide range of 
simulated altitudes and flight speeds. Data selected to show the 
effect of several design variables on the operating characteristics 
of tail-pipe burners are presented. 


TAIL -PIPE -BURNER REQUIREMENTS 

The requirements that must be considered in designing a tail- 
pipe burner for a given application are: 

1. Maximum thrust 

2. Maximum operable .range 

3. High combustion efficiency 

4. Minimum weight 

5. Minimum size 

6. Low internal losses 

7. Adequate shell cooling 

8. Satisfactory control 

Each of these requirements conflicts with some of the others. 
Maximum thrust, operable range, and combustion efficiency are obtained 
when burning is made easy, that is, when the velocity of the gas 
entering the combustion chamber is low, when there are suitable 
sheltered regions where the flame can seat, and when the combustion 
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chamber ia long enough .that combustion can be completed before the 
mixture leaves the exhaust nozzle. Minimum weight and size may be 
obtained by reducing the diameter, which will increase the gas 
velocity, or by reducing the length, which may not give all the gas 
sufficient time to burn inside the combustion chamber. Low internal 
losses may be obtained with optimum diffuser design, low gas veloc- 
ities, and the smallest possible flame holder. Provision for cool- 
ing requires additional weight and results in 3 ome performance loss. 
Control, the last requirement, necessitates a satisfactory variable- 
area exhaust nozzle, which will be heavier than the fixed-area 
conical exhaust nozzle and possibly not quite as efficient. 


DESIGN VARIABIES 


The design variables considered in this paper are flame-holder 
design, burner- inlet velocity, combustion-chamber length, fuel 
distribution, diffuser design, variable-area exhaust nozzles, and 
ignition systems. Tail-pipe cooling is discussed in the fourth 
paper of this series. 


Flame Holders 


The flame holder shown in figure 1 was used in early tail- 
pipe-burning experiments at the NACA Lewis laboratory (refer- 
ence l). This design proved effective in ram jets. The flame 
holder consists of V-shaped gutters arranged in horizontal and 


vertical rows to form a grid. 


The gutters are lj inches 

4c 


wide 


across the open downstream ends and are spaced 4 inches apart on 
centers. This size and spacing of gutter elements proved more 
satisfactory in ram jets than a size and spacing of twice this 
scale or one-half this scale. The flame holder blocked one-half 
the cross-sectional area of the combustion chamber and caused a 
pressure drop of 1.25 times the velocity head of the approaching 
gas. Although the V-shaped gutter-grid flame holder was very 
effective, too much pressure drop was produced, the flame propa- 
gated near the combust ion- chamber wall would aggravate the tail- 
pipe cooling problem, and the central portion would be burned out 
if the rear of the diffuser inner cone were used as a pilot flame 
seat . 


The flame holder shown in figure 2 is one ring made of a closed 
half-round section. This semitorodial flame holder blocks about 
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19 percent of the combust ion-chamber area and is reasonably satis- 
factory, except at high altitudes or with high gas velocities. 

A two-ring V-gutter flame holder that blocks about 23 percent 
of the combustion-chamber area is shown in figure 3. The two rings 
provide adequate coverage of the combustion-chamber area and also 
avoid flame seating on the wall. Flame from a large pilot at the 
rear of the diffuser inner cone passes through the hole in the cen- 
ter of the flame, holder. The two-ring V-gutter flame holder is 
one of the better designs investigated and permits altitude oper- 
ation except at extremely high gas velocities. 

The "lockwasher-type " flame holder in figure 4 was constructed 
of V-gutter elements and was designed to cover the same general 
area as the two-ring V-gutter flame holder, and to offer a maximum 
perimeter from which the flames could start. The flame holder 
blocked 28 percent of the combustion-chamber area. The lockwasher 
flame holder was not quite as effective as a two-ring V-gutter flame 
holder with the same blocked area. 

The arrangement in figure 5 is most advantageous from the 
standpoint of having low internal losses. The blunt end of the 
inner cone serves as the flame holder for a large pilot flame, which 
is relied upon to spread throughout the combustion chamber. Such 
an arrangement resulted in low combustion efficiencies and was 
unsuitable for high altitude operation, and it might be adequate 
where thrust augmentation is needed only at take-off. This type of 
burner is sometimes subject to rough burning, which has been known 
to shake the tail pipe hard enough to open its seams. 

The flame holder in figure 6 is intended to produce burning in 
five stages, with each, ring after the first partly submerged in 
flame from the preceding ring. This flame holder requires cooling, 
which is accomplished by fuel that is supplied through the mounting 
tubes and distributed to the rings by the longitudinal tubes. The 
fuel is sprayed through small holes in the front of each ring. 

The five -stage flame holder operates only at very low fuel-air ratios. 
It was belatedly realized that the blocking effect of the small 
forward rings, augmented by. the pressure drop due to burning, forced 
the air flow toward. the outside of the combustion chamber and thus 
increased the gas velocity in the region where it was already 
highest . Flame would not seat on the outer rings . 

In figure 7 is the five -stage flame holder rebuilt to place 
the large ring forward, where its blocking effect tends to provide 
a mere uniform velocity distribution in .the tail pipe. Flame 
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holders of this type provided reasonably satisfactory performance, 
but were subject, to Ideal overheating, coking of the fuel, and 
cracking of the ■ metal' tubing. 

The combustion efficiency -obtained with three types of flame 
holder is shown in figure 8 as a function of tail-pipe fuel-air 
ratio. The data shown were obtained at rated engine speed with a 
tail pipe having a burner-inlet velocity of approximately 420 feet 
per second and a fixed-area exhaust no,zzle. A higher combustion 
efficiency was. reached with the two-ring V -gutter flame holder than 
with either the three -stage flame holder or the large pilot alone 
at altitudes of 25,000 and '45,000 feet. The peak combustion effi- 
ciency decreased, however, from 0. -83 at 25,000 feet to 0.59 at 
45,000 feet. The three -stage flame holder, which comprised only 
three rings but was otherwise similar to the flame holder of. fig- 
ure 7, reached a peak combustion efficiency of 0.85 at 25,000 feet 
and 0.49 at 40,000 feet-. When no flame holder other than the 
blunt end of the diffuser inner cone (that is, large pilot) was 
used, the burner operated satisfactorily at 25,000 feet with a peak 
combustion efficiency of 0.69, but at 45,000 feet the flame was 
weak and the combustion efficiency dropped to 0.12., Flame holders 
that provide little blockage are generally quite satisfactory under 
most favorable- conditions, but they are most sensitive to the adverse 
effects of high altitude or high burner-inlet velocity.. 


Of all the flame holders used in tail-pipe burners at .the Lewis 
laboratory, those using Y-gutter sections proved to be the most gen- 



legs of the V permitted' somewhat wider operating ranges than those 
made either smaller or larger. The effect of the shape of the Y' 
was investigated by operating a tail-pipe burner with three two-ring 
V-gutter flame- holders that were identical except for the included 
angle of the Y. As shown in figure 9, included angles of 20°, 35°, 
and 50° were used, but the width across the .legs of the V was kept 

3 

constant at lj inches and each of the flame holders blocked 30. percent 

of tho combustion-chamber area. A fixed-area conical exhaust nozzle 
was used. At an altitude of 25,000 feet,' the variation in gutter • 
angle had little effect on combustion efficiency and the best angle 
appeared to be between 30° and 40°. At 45,000 feet, the best angle 
was about 30°; the combustion efficiency dropped seriously with the 
flame holder having a 50° gutter angle . 
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Burner -Inlet Telocity 

It is recognized that high burner- inlet velocities are detri- 
mental, but some uncertainty has existed concerning what velocities 
might be called high and how serious their effects are. In order 
to investigate the effect of burner-inlet velocity, three tail-pipe 
combustion chambers having different diameters were used on one 
.engine. Each of these combustion chambers was 4 feet long and was 
fitted with a two-ring Y-gutter flame holder providing 28-percent 
blockage. The same fixed-area conical exhaust nozzle was used on 
each tail pipe . 

In figure 10 the symbols indicate the maximum altitudes at 
which stable operation was obtained with each combustion chamber. 

The two larger combustion chambers with inlet velocities of 490 and 
533 feet per second operated at an altitude of 50,000 feet at a 
simulated flight Mach number of 0.2. The smallest combustion 
chamber with an inlet velocity of 601 feet per second was limited 
to an altitude of 35,000 feet at the same flight Mach number. Com- 
bustion blow-out occurred at altitudes slightly higher than 

35.000 and 50,000 feet. Lines of constant turbine -outlet pressure 
have been drawn through the data points of figure 10 to indicate 
the maximum altitudes at which stable operation could be expected 
at higher flight, speeds. 

The combustion efficiency obtained with the same series of com- 
bustion chambers is shown in figure 11 for three altitudes at rated 
engine speed and limiting turbine -outlet temperature. At 

25.000 feet, the burner-inlet velocities for the three combustion 
chambers ranged from 470 to 605 feet per second, and the combustion 
efficiencies remained near 0.80. There is no apparent explanation 
for the slight drop in combustion efficiency at the lower velocities, 
which is inconsistent with the • other data. At 35,000 feet, the 
combustion efficiency dropped from 0.76 at a burner-inlet velocity 
of 463 feet per second to 0.69 at a velocity of 525 feet per second. 
At 45,000 feet, the combustion efficiency dropped from 0.55 at a 
burner-inlet velocity of 490 feet per second to 0.40 at a velocity 
of 550 feet per second. With the smallest combustion chamber, which 
had an inlet velocity of 605 feet per second at 25,000 feet, the 
combustion efficiency dropped so much at 35,000 feet that limiting 
turbine -outlet temperature could not be obtained. 


Combustion-Chamber Length 

The effect of combustion-chamber length (fig. 12) was investi- 
gated by using lengths of 2, 4, and 6 feet in otherwise identical 
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turner configurations. A two -ring V-gutter flame holder that blocked 
30 percent of the combustion-chamber area was used. At an altitude 
of 25,000 feet, an increase in combustion-chamber length from 2 to 
4 feet raised the peak combustion' efficiency from 0,70 to 0.81, but 
a further increase in length to 6 feet had only a negligible effect. 
At 45,000 feet, the combustion efficiency was only 0.12 with the 
2 -foot combustion chambe,r and each successive increase in length 
cuased a marked improvement , until with a length of 6 feet a peak 
efficiency of 0.56 was reached. At 45,000 feet, the 6-foot combus- 
tion chamber was the only one that would permit limiting turbine- 
outlet temperatures to be reached. 

The effect of a single variable, such as combust ion-chamber 
length, would be reduced if other variables were chosen to be more 
favorable for combustion. That is, with' a lower burner-inlet veloc- 
ity, a. larger flame holder, and a better fuel distribution system, 
the effect of changing the combustion-chamber length could be 
expected to be less than that shown in figure 12 . 


Fuel Distribution 

The importance of fuel distribution is shown in figure 13 with 
two different fuel systems used in the same tail pipe (reference 2). 
In the multiple -nozzle fuel system, 80 percent of the fuel was 
sprayed downstream through 18 nozzles located in a circle just 
upstream of the flame holder and 20 percent was sprayed radially 
outward through .12 nozzles mounted in the surface of the diffuser 
inner cone. At an altitude of 25,000 feet, the peak combustion effi- 
ciency was 0.76 at a tail-pipe fuel-air ratio of 0.025 and was con- 
siderably less at other fuel-air ratios . 

In the spray -bar fuel system, all the fuel was injected through 

eight spray bars mounted in the diffuser annulus 35i inches upstream 
* , 2 

of the flame holder. Four pairs of 0.040-inch holes were drilled in 
each spray bar. With this configuration a peak combustion efficiency 
of 0.96 was reached at a taii-pipe fuel-air ratio of 0.025 and the 
efficiency dropped only to 0.80 at a fuel-air ratio of 0.06., 

The superior performance of the spray -bar fuel system is attri- 
buted to the better coverage of the air stream afforded by the spray 
bars and to the distance between the spray bars and the flame holder, 
which permitted sufficient mixing of the fuel and air. Experience 
with. other tail-pipe burners using similar fuel spray bars has shown 
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that the holes should he located to take account of the velocity 
distribution of the tail-pipe gas and that the central region should 
be relatively rich to provide a strong stabilizing flame at the rear 
of the diffuser inner cone . The high combustion efficiency obtained 
with the spray-bar fuel system in figure 13 is attributed to the 
combination of a good fuel system with other favorable design vari- 
ables. It should be noted, that the burner-inlet velocity was low, 
ranging from 420 to 460 feet per second, and the flame holder provided 
32 -percent blockage . 


Diffuser Design 

The hot gas leaving the turbine must be slowed down before it 
enters the tail-pipe combustion chamber. The diffuser-design problem 
is aggravated- by the uneven velocity profile at the turbine outlet. 

A typical velocity profile, taken in a standard tail cone about 
10 inches from .the turbine' wheel, is shown in figure 14. A steep 
velocity gradient exists and the highest velocity is near the out- 
side wall. 

In figure 15 are shown the lines of two diffusers that were used 
with the same tail-pipe burner as well as the lines of the standard 
engine tail cone.. In the tail-pipe -burner diffuser with the long 
inner cone, the rate of change, of area was approximately uniform. 

The short inner cone of. the other diffuser followed the same contour 
to the point where the area ratio was 1,4. After this point the 
short cone gave a much more rapid area change than the long cone. 

The difference in the losses produced by the two diffusers can 
be determined from the curves of over-all tail-pipe total -pres sure - 
loss ratio given in figure 15. The curves (fig. 15) are for the 
nonburning condition, where the exhaust nozzle was small enough to 
produce limiting turbine -cutlet temperatures at rated engine speed. 
The tail pipe having the short inner cone has a loss that is greater 
than that of the pipe with the long inner cone by about 0,5 percent 
of the, total pressure. 

The design of the diffuser with the short inner cone is shown 
to be better than that of the standard engine tail cone by the fact 
that the losses in the tail pipe with the short inner cone but no 
flame holder were about the same as those in the standard tail cone . 
That is, the losses incui’red in slowing down the gas plus the fric- 
tion losses in the long combustion chamber were no more than the 
friction losses in the standard tail cone. These results indicate 
that careful diffuser design is effective in minimizing tail-pipe 
burner pressure losses and that improvement in the design of the 
standard engine tail cone is needed. 






Variable -Area Exhaust Nozzles 

One of the items needed for control of. a tail-pipe burner is a 
good variable -area exhaust nozzle. The clamshell type is probably 
the most promising, and certainly the one on which the most effort 
has been expended. The two most improtant considerations in designing 
a clamshell nozzle are efficiency in producing thrust and durability. 
High efficiency, can be obtained by eliminating leakage and using the 
best possible shape. • 

Two clamshell nozzles of different shape 'are shown in fig- 
ures 16 and 17. The fixed-area inner shell of nozzle A has its exit 
opening in one plane and would be a desirable nozzle. As the outer 
'shells move together, however, the shape of the opening is changed 
until in the closed position the opening is no .longer, even approx- 
imately, in a single plane. Gases are discharged at the sides of 
this opening with a large component normal to the main thrust axi3. 

The movable shells of nozzle B have been shaped to keep the exit 
opening approximately planar regardless of. 3ize. 

Clamshell nozzles A and B and a series of fixed-area conical 
exhaust nozzles wore tested on the same engine to determine their 
comparative performance (reference .3) . The results are presented in 
figure 18 in which. the variation of corrected jet thrust with corrected 
fuel consumption is shown for a single corrected engine speed (rated 
value). Nozzle A in the closed position, where the corrected fuel 
flow was 3340 pounds per hour, produced about 7 percent less thrust 
than an equivalent conical nozzle at. the same fuel consumption. 

Nozzle B produced within 1 percent of the thrust of the conical 
nozzles. 

Clamshell nozzles on tail-pipe burners have shown a tendency 
to overheat, warp, ' and jam. Some progress has been made in cooling 
them and reasonably satisfactory results have been obtained. Noz- 
zle B withstood 40 minutes of tail-pipe burner operation without 
damage. However, it is too early to say that any given design is 
completely suitable for tail-pipe burners . 


Ignition Systems 

Igniting the mixture in the tail pipe proved to be a trouble- 
some problem. Many arrangements, of spark plugs and pilot fuel noz- 
zles were used, two of which are shown in figure 19. One of the 
schemes consisted of a small ram jet located' upstream of the main 
flame holder. The ram jet has its own inlet diffuser, fuel nozzle. 
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spark plug, flame holder, and jet nozzle, and was supposed to send 
a jet of flame downstream to the main flame holder. It was com- 
pletely .unreliable . 

The second scheme consisted of a pilot fuel nozzle in the 
center of a depression in the end of the diffuser inner cone and a 
spark plug near by. Except at high altitudes this pilot was effec- 
tive when the spark plug would operate, hut it was difficult to 
maintain high voltage insulation inside the tail pipe. The pilot 
fuel nozzles invariably melted, but this did not matter when the 
main fuel was introduced upstream of the pilot. 

The stand-by method of starting the tail -pipe burner was a 
rapid acceleration of the engine, which sent flame back through 
the tail pipe. This method is quite effective, but is not recommended 
operating practive because of the danger of overheating the turbine . 

A modification of the practice of accelerating the engine proved to 
be by far the most satisfactory scheme for lighting the tail-pipe 
fuel. In this scheme (fig. 19), the tail-pipe fuel pump must first 
be operating and producing a higher pressure than that in the engine 
fuel manifold. A line from the tail-pipe fuel pump,i 3 brought to 
the line supplying one of the engine combustion chambers. A solenoid 
valve and two check valves are installed as shown in figure 19. The 
tail-pipe fuel is ignited by opening the solenoid valve for a frac- 
tion of a second. The momentary rich mixture produced in one com- 
bustion chamber sends flame downstream to the tail pipe. This scheme 
is positive in operation and produced over 200 starts on one engine 
with no sign of damage to the engine. 


SUMMARY OF RESULTS 

The results of research on tail-pipe -burner design variables are 
briefly summarized as follows : 

1. Flame holders providing little blockage were found to be 
■adequate for low altitude operation, but at high altitudes a blocked 
area of about 30 percent of the combustion-chamber area was found to 
be desirable. 

2. Ring -type V -gutter flame holders have' proved satisfactory. 

The best operating characteristics were obtained when the included 
angle of the V -gutter elements was about 30° and the width across 
the ' opening of the V was 1 — to 2 inches ■. 
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3. Burner-inlet velocity is the variable that is most likely 
to .establish the value of a tail-pipe burner. Satisfactory oper- 
ation up to an altitude of about 25,000 feet was obtained with 
burners having inlet velocities as high as 600 feet per second, but 
lower velocities were required at high altitudes; and every advan- 
tage was found to lie with burners having inlet velocities in the 
range from 400 to 450 feet per second. 

4. In burners indent ical except for combustion-chamber length, 
a length of 4 feet was found to be sufficient to provide the best 
performance at altitudes up to 25,000 feet, whereas at an altitude 
of 45,000 feet a combustion- chamber length of 6 feet was not enough 
to develop the maximum combustion efficiency. 

5. The highest combustion efficiencies were obtained when the 
fuel was injected as far as possible upstream of the flame holder and 
when the fuel distribution was made to match the air-flow distri- 
bution as closely as practicable. 

6. Tail-pipe pressure losses have been reduced by careful 
diffuser design, but the data are not sufficient to establish an 
optimum diffuser design. 

7. A variable-area exhaust nozzle can be designed to be nearly 
as efficiency as a fixed-area conical nozzle, but variable -area 
nozzles have not yet been thoroughly proved in tail -pipe -burner 
operation. 

8. Dependable methods for starting a tail-pipe burner were 
available . 
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Figure 3. - Two-ring V-gutter flame holder. 
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Figure 5. - Large pilot in blunt end of inner cone. 



Figure 6. - Five-stage flame holder* 
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Figure 7. - Modified five-stage flame holder. 



Figure 8. - Tail-pipe combustion efficiency for three flame- 
holder configurations. Exhaust-nozzle area constant; 
rated engine speed. 
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Figure 9. - Effect of flame-holder gutter angle on tail-pipe 
combustion efficiency. Rated engine speed. 
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Figure 10. - Effect of burner- inlet velocity on altitude 
limits. Rated engine speed. 
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Figure 11. - Effect of burner-inlet velocity on tail-pipe 
combustion efficiency. Rated engine speed; limiting 
turbine -out let temperature. 
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Figure 12. - Effect of combustion-chamber length on tail-pipe 
combustion efficiency. Rated engine speed. 
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Figure 13. - Tail-pipe combustion efficiency for two fuel sys- 
tems. Burner- inlet velocity, 420 to 460 feet per second. 
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Figure 14. - Typical velocity profile near turbine outlet. 
Altitude, 5000 feet; rated engine speed. 
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Figure 15* - Tail-pipe total-pressure losses with several 
diffusers without tail-pipe burning. Small exhaust nozzle. 
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Clamshell nozzle A. 
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Figure 17 


Clamshell nozzle B 
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Figure 18* - Performance of exhaust nozzles. Corrected 
engine speed, 7700 rpm. 



Figure 19. - Tail-pipe ignition systems. 
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PERFORMANCE CHARACTERISTICS' OF SEVERAL TAIL-PIPE BURNERS 


By William A. Fleming and Harry W. Dowman 
Lewis Flight Propulsion Laboratory 


.• INTRODUCTION 

• • 1 . * > . • 

Performance theoretically calculated for tail-pipe turning and 
experimental results indicating the effect of the various design 
considerations on burner characteristics at altitude are discussed 
in tho two preceding papers of this series. Included in this paper 
are experimental results that show the performance and the operable 
range of several tail-pipe burners at altitude conditions. 

A considerable amount of data was obtained for a large number 
of different tail-pipe -burner configurations with the J34 engine, 
the J35 .engine, ■ and an experimental version of the J47 engine. 

Some of the more recent tail-pipe burning results for four of these 
burners are presented. Thrust performance, burner-outlet tempera- 
tures, specific fuel consumptions, combustion efficiencies, the 
operable ranges of tail-pipe fuel-air ratio, and burner-inlet pres- 
sure, temperature, and velocity are shown for a range of .flight 
conditions . 


TAIL -PIPE -BURNER INSTALLATIONS 

Four tail-pipe burners are considered. Burners A and B were 
installed on a J34 engine, burner C on a J35 engine, and burner D 
on an experimental version of the J47 engine. 

Burner A. - Burner A (fig. 1), which was installed on a J34 
engine, was attached to the standard engine tail cone and has an 

over-all length of -about 8^ feet. The gas leaving the turbine is 

diffused to a 23 -inch -diameter section where the flame holder is 
installed. The combustion chamber is a 40-inch conical section that 

, 7 

■capers from 23 inches in diameter at the flame holder to 18-— inches 
at the outlet . 

The flame holder consists of two semicircular-gutter-type rings 
joined with four radial struts of similar construction. This flame 
holder blocks approximately 25 percent of the cross-sectional area 
of the tail pipe . Both the rings' and the radial struts of the flame 
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holder are provided with email slots on the upstream face.-- Fuel is 
injected through five circular tubes located immediately upstream of 
the flame holder. Two of these tubes, which are alined with the 
two flame -holder rings, inject the fuel through several small orifices 
in a downstream direction through the slots of the flame holder. Fuel 
is injected from the other three tubes through small orifices in an 
upstream direction. 

A two-position variable -area exhaust nozzle was used on the 
burner, which in the closed position has a projected elliptical area 

equivalent to a circular diameter of 155. inches. During tail-pipe 

burner operation, this nozzle was in the wide-open position and the 
throat area was provided by the outlet of the combustion chamber. 

A shroud was installed around the burner through which air 
flowed to cool the burner shell during operation. 

' Burner B. - Burner B (fig. 2), which was also installed on a 
J34 engine, has an over-all length, including the diffuser section, 

of about 10 feet and a maximum diameter of 25^ inches. The exhaust 

•z 

gas was diffused to the combustion chamber, which is 25— inches in 

4 

diameter and 6 feet long. A flame holder was installed 18 inches 
downstream of the front flange of the combustion chamber, thus giving 

a burning length of 4 — feet upstream of the fixed-area conical 

^ 1 

exhaust nozzle. The exhaust nozzle is 19g- inches in diameter at the 

outlet . 

Fuel is injected 4g- inches downstream of the turbine through 
eight streamlined spray tubes; this arrangement gives a mixing length 
for the fuel of 35^- inches between the fuel injector and the flame 

holder. Each spray tube has four pairs of impinging jets through 
which the fuel is sprayed into the diffuser. The downstream end of 
the inner cone was cut off where it was 5 inches in diameter with the 
blunt end covered by a disk, thereby profiding a turbulent region for 
the purpose of seating a stabilizing flame in the center of the tail 
pipe . 

A two-ring V-gutter flame holder that blocks 32 percent of the 
burner cross-sectional area was installed. The mean diameters of 
the outer and inner gutters are 17 and 10 inches, respectively; the 
included angle of the gutters is 30°; and the distance across the 

3 

open end of the gutters is 1— inches. 
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The "burner shell was cooled only by the flow of low-velocity 
air over the outside of the burner. 

Burner C . - Burner C (fig. 3), which was installed on a J35 
engine , has an over-all length, including the diffuser section, of 
about 9 feet and a maximum diameter of 29 inches. The exhaust gas 
was diffused to the combustion chamber, which is 29 inches in diameter 
and 4 feet long. The flame holder was located at the upstream end 
of the combustion chamber, giving a 4 -foot- burning length between the 
flame holder and the fixed-area conical exhaust nozzle. The outlet 

diameter of the exhaust nozzle is 20^ inches. 
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Fuel was injected in the diffuser through 12 streamlined 3pray 
tubes installed 14 inches upstream of the flame holder. Each tube 
had four pairs of small orifices that injected fuel from opposite 
sides of the tubes into the gas stream normal to the- direction of 
flow. The downstream end of the inner cone was cut off where it was 

8~ inches in diameter and a concave dome was installed that provided 

a turbulent region for the purpose of seating a stablizing flame in 
the center of the pipe . 


A two-ring V -gutter flame holder similar to the one used in 
burner B blocked 29 percent of the burner cross-sectional area. The 

mean diameters of the outer and inner flame-holder rings are 21j and 

9-v inches, respectively; the included angle of the gutters is 35°; 

° ] 
and the distance across the open ends of the gutters is 1~ inches . 


A cooling liner extended the full length of the combustion 
chamber, and a i-inch radial gap was provided between the liner and 

the outer shell through which flowed part of the exhaust gas at approx- 
imately turbine -outlet temperature. 


Burner D. - Burner D (fig. 4), which was installed on the exper- 
imental version of the J47 engine, has an over-all length, including 
the diffuser section, of about 9 feet and a maximum diameter of 
32 inches. The exhaust gas was diffused to the 32 -inch-diameter 
combustion chamber, which is 4 feet in length. The flame holder was 
installed .at the forward end of the combustion chamber, thereby 
giving a 4-foot burning length upstream of the fixed-area conical 
exhaust nozzle. The diameter at the cutlet of the exhaust nozzle is 

25-~ inches. 
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Fuel was injected in the diffuser 14 inches upstream of the flame 
holder through .12 stream lined spray tubes similar to those used in 
turner C . Each tube had four pairs of orifices that injected fuel 
from opposite sides of the tubes into the gas stream normal to the 
direction of flow. The downstream end of the inner cone was cut off 
where it was 14 inches in diameter and a concave dome was installed 
that provided a large turbulent region for the purpose of seating 
a stabilizing flame in the center of the pipe. 

The flame holder was a two-ring V-gxitter flame holder, similar 
to those used in burners B and C, and blocked 32 percent of the 
burner cross-sectional area. The mean diameters of the outer and 
inner flame -holder rings are 23 and 14 inches, respectively; the 
included angle of the gutters is 35°; and the distance across the 

13 

open end of the gutters is 1-jpv inches. 

A cooling liner, similar to that used in burner C, extended the 
full length of the combustion chamber and 12 inches into the exhaust 

nozzle. A ^--inch radial air gap was provided between the liner and 
the outer shell through which part of the exhaust gas flowed. 


TAIL -PIPS -BHRN1E PERFORMANCE 

Bur ner A, - Performance data obtained with burner A over a 
range of flight Mach numbers at an altitude of 20,000 feet are pre- 
sented in figures 5 and 6. These data wore obtained at maximum 
engine speed with a turbine -outlet temperature of approximately 
1600° R. The burner-inlet velocity varied from 440 to 480 feet per 
second for these conditions. The augmented thrust was obtained with 
the tail-pipe burner installed and the normal thrust was obtained with 
the standard engine tail pipe . 

With tail-pipe burning (fig. 5), the ratio of augmented thrust 
to normal thrust increased from a value of 1.27 at a flight Mach 
number of 0.25 to 1.84 at a flight Mach number of 0.85. When the 
tail-nipe burner was inoperative, the thrust obtainable at limiting 
turbine -outlet temperatures was 4 percent less than that available 
with the standard engine tail pipe at the same operating conditions. 

The specific fuel consumption with and without tail-pipe 
burning is shown in figure 6. With tail-pipe burning the specific 
fuel consumption decreased rapidly as the flight Mach number was 
raised, varying from a value of about 3.25 at a flight Mach number 
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of 0.25 to a value of 2.10 at a flight Mach number of 0.85. The 
specific fuel consumption with the standard engine tail pipe and 
exhaust nozzle was 1.40 at a flight Mach number of 0.85-. 

The' operable range of tail -pipe fuel-air ratios at an altitude 
of 20,000 feet is shown in figure 7. Tail-pipe fuel-air ratio is 
defined as the ratio of tail-pipe fuel flow to the unburned air flow 
entering the tail pipe. The maximum operable tail-pipe fuel-^air 
ratio was limited by turbine -cutlet temperature and the minimum 
fuel-air ratio by .lean combustion blow-out. At a flight Mach num- 
ber of 0.85 at an altitude of 20,000 feet, it was xiossible to oper- 
ate burner A between tail-pipe fuel-air ratios of 0.0395 and 0.0486, 
The maximum operable fuel-air ratio is significant only for the 
exhaust nozzle used with burner A. With a larger outlet area, the 
burner could have been operated at higher tail-pipe fuel-air ratios. 

The altitude limits of operation at maximum engine speed and 
turbine -outlet temperature of about 1625° E are shown in figure 8. 

At each flight Mach number, a band of uncertain operation amounting 
to about 8000 feet in altitude was encountered within which combus- 
tion blow-out occurred. Altitudes at which the engine could be 
operated without encountering combustion blow-out varied from 
24,600 feet at a Mach number of 0.25 to 34,200 feet at a Mach num- 
ber of 1.0. Over the entire range of flight conditions, this limit 
of combustion blow-out occurred at an approximately constant burner- 
inlet pressi.ire . 

Burner B. - Performance data obtained with burner B are pre- 
sented in figures 9 ana TO for a range of flight Mach numbers at 
an altitude of 25,000 feet (reference l) . These data were obtained 
at maximum engine speed and the turbine -outlet temperature with 
tail-pipe burning, was 1650° E, whereas the turbine -outlet temper- 
ature with the standard engine tail pipe varied from 1650° E at a 
flight Mach number of 0.25 to 1620° E at a flight Mach number of 
0.72. The burner-inlet velocity was approximately 455 feet «per 
second for these conditions. 

The ratio of augmented thrust to normal thrust (fig. 9) 
increased from a value of 1.31 at a flight Mach number of 0.25 to 
1.73 at a flight Mach number of 0.72. The burner-outlet temperature 
increased slightly with flight Mach number, reaching a value of 
3470 J E at a flight Mach number of 0.72. This temperature corre- 
sponds to. .a burner temperature rise of 1820° E and to an over-all 
fuel-air ratio of 0.052, where the over-all fuel-air ratio is 
defined as the engine fuel plus tail-pipe fuel divided by the total 
air flow. 
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The specific fuel consumption with and without tail-pipe 
burning (fig. 10) varied only slightly over the flight conditions 
investigated. At a flight Mach number of 0.72, the specific fuel 
consumption was 2.55 with tail -pipe burning compared with 1.19 with 
the standard engine tail pipe . 

The tail-pipe combustion efficiency is presented in figure 1.1 
as a function of tail-pipe fuel-air ratio. As mentioned previously, 
tail-pipe fuel-air ratio- i3 defined as the ratio of tail-pipe fuel 
flow. to unburned air flow entering the tail pipe. Because the tail- 
pipe fuel -air ratio was varied by changing the tail-pipe fuel flow 
with a fixed -area exhaust nozzle, the conditions at' the burner inlet 
also changed. ' • ’• 

Variations in burner-inlet total temperature, total pressure, 
and velocity with tail-pipe fuel-air ratio are also shown in figure 11. 
Bor the range of fuel-air ratios investigated, the total temperature, 
the total pressure, and the burner-inlet velocity increased with 
fuel-air ratio. As the tail-pipe fuel-air ratio was raised, the 
combustion efficiency dropped from a peak value of 0.96 at a tail- 
pipe fuel-air ratio of 0,025 to a value of 0.86 at limiting turbine- 
outlet temperature of 1650° R and tail-pipe fuel-air ratio of 0,050, 
the condition for which thrust and specific fuel consumption data 
are presented in figures 9 and 10. The increase in burner-inlet 
■pressure accompanying the change in flight Mach number from 0.26 to 
,5.84 had no apparent effect on the tail-pipe combustion efficiency. 

The primary factor affecting combustion efficiency Is believed to 
be the fuel distribution in the tail-pipe burner, because at a given 
fuel-air ratio changes in burner-inlet pressure had no apparent 
effect on combustion efficiency. 

The operable range of tail-pipe fuel-air ratios at an altitude 
of 25,000 feet is shown in figure 12 as a function of flight Mach 
number. The maximum fuel-air ratio was limited by turbine -outlet 
temperature and the minimum fuel-air ratio by lean combustion blow- 
out. At a ; flight Mach number of 0.72, stable burner operation was 
possible at tail-pipe fuel-air ratios between 0 .024 and 0,053.. The 
minimum operable fuel-air ratio for burner B was somewhat lower 
than that for burner A, which was 0.041 at a Mach number of 0.72. 

The maximum fuel-air ratio is significant only for the size exhaust 
nozzle used. 

Burner C . - Performance data for burner C at an altitude of 
25,000 feet over a range of flight Mach numbers are presented in 
figures 13 and 14. These data were obtained at maximum engine speed 
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and at turbine -outlet temperature (both with and without tail-pipe 
burning) of 1600° E, The burner-inlet velocity was about 415 feet 
per second fox’ these flight conditions, 

w The ratio of augmented thrust to normal thrust with tail-pipe 
burning '..'(fig . 13) increased from 1.41 at a flight Mach number of 
0.27 .to 1.74 at a flight Mach number of 0.92. The burner -out let 
temperature increased slightly with flight Mach number, reaching a 
value of 3150° E at a flight Mach number of 0.92. This temperature 
corresponds to a burner temperature rise of 1750° E with an over- 
all fuel-air ratio of 0.475. The net thrust obtained at limiting 
turbine -outlet temperature with the tail-pipe burner inoperative is 
shown to be about 1 pex-cent less than the thrust obtainable with 
the standard engine tail pipe . This small loss in thrust results 
from the fact that the ratio of total -pres sure loss between the 
turbine outlet and exhaust -nos zle outlet to the turbine -outlet total 
pressure is only slightly higher fox- the tail-pipe burner (0.025) 
than with the standax’d tail pipe (0,0.10) at the same turbine -outlet 
conditions. Neither value includes the pressure loss across the 
exhaust -noz z le out let . 

The specific fuel consumptions with and without tail-pipe 
burning increased only slightly with flight Mach number (fig. 14) . 

At a flight Mach number of 0.92, the specific fuel consumption was 
2.21 with tail-pipe burning compax-ed with 1.26 with the standard 
•engine. The specific fuel consumption with tail-pipe burning was 
slightly lower fox- burnex- 0 than fox- burner B, However, burner B, 
as shown' subsequently, was operated at a higher tail -pipe fuel-air 
ratio and thus a gx-eater pex-centage of the total fuel flow was 
being burned in the low -efficiency part of the engine plus tail- 
pipe -burner- cycle. 

Tail-pipe combustion efficiency is presented as a function 
of tail-pipe fuel -air ratio fox- a range of flight Mach numbers at 
an altitude of 25,000 feet (fig. 15) and for a range of altitudes 
at a flight Mach number of 0.27 (fig. 16) . These data were also 
obtained with a fixed-area exhaust nozzle, and therefore, the 
variations in burner-inlet total temperature, total pressure, and 
velocity are shown in the figures. The burner-inlet temperature 
and pressure increased with tail-pipe fuel-air ratio, whereas the 
burner-'inlot velocity remained substantially constant between 410 
and 420 feet per se*ond. At a given fuel-air ratio, the burner-inlet 
temperature remained approximately constant with changes in alti- 
tude and flight. Mach number. Combustion efficiency increased 
rapidly with tail-pipe fuel-air ratio, reaching a peak at a fuel- 
air ratio of about 0,030. The combustion efficiency dropped off 
slightly at higher fuel-air ratios. 
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Over the range of flight Mach numbers investigated, changes 
in tail-pipe pressure due to variations in flight Mach number 
(fig. 15) or in altitude, up to: 35,000 feet (fig. 16) had no effect 
on the combustion efficiency.. Increasing the altitude from 35,000 to 

45.000 feet at a flight Mach number of 0.27 did result in a decrease 
in' combustion efficiency amounting to about 0.10 at a turbine -outlet 
temperature of 1600°' R, The trend of these combustion efficiency 
data "with fuel -air ratio up to an altitude of 35,000 feet is again 
attributed to the fuel distribution in the tail-pipe burner because 
changing the. pressure at a given fuel -air ratio within the range of 
pressure investigated had no effect on the combustion efficiency. 

With this particular burner-inlet velocity and fuel distribution, 
the critical burner-inlet pressure is reached between altitudes of 

35.000 and 45,000 feet at a flight Mach number of 0.27, where the 
pressure then becomes a principle variable affecting the combustion 
efficiency. 

The operable range of tail-pipe fuel-air ratios is shown in 
figure 17 as a function of altitude at a flight Maeh number of 0.27. 
The maximum operable fuel-air ratio was limited by turbine -outlet 
temperature, whereas the minimum fuel -air ratio was limited by lean 
combustion blow-out * At each altitude, combustion blow-out was 
encountered within the range of fuel -air ratios shown in figure 17 
•as the region of uncertain operation. The region of uncertain oper- 
ation' occurred at higher tail-pipe fuel-air ratios as the altitude 
was increased. At an altitude of 45,000 feet and a flight Mach 
number of 0.27, operation was possible at tail-pipe fuel-air ratios 
between 0,029 and 0.040; however, the maximum fuel-air ratio is 
significant only for the size exhaust nozzle used. 

Burner D. - Performance data obtained with burner D are pre- 
sented in figures 18 and 19 for an altitude of 25,000 feet and a 
range of flight Mach numbers . These data were obtained at maximum 
engine speed and the turbine -outlet temperature was 1675° R both 
with and without tail-pipe burning. 

The ratio of augmented to normal thrust increased from 1.34 at 
a flight Mach number of 0.22 to 1.78 at a flight Mach number of 0,32 
-(fig. 18). Burner -out let temperatures increased from 2975° to 
3525° R with this increase in flight Mach number. The large increase 
in temperature is mainly attributed to an increase in engine com- 
ponent efficiency as the flight Mach number wfes raised. The burner- 
outlet temperature of 5525° R corresponds to a burner temperature 
rise of 1850° R with an over-all fuel-air ratio of 0.053, The total- 
pressure -loss ratio measured across the tail-pipe burner when it 



was inoperative (0.050 to 0.055) was slightly more than that meas- 
ured across the standard engine tail pipe (0.045) at. the same 
turbine -outlet conditions. As a result, the net thrust obtainable 
at limiting turbine -outlet temperatures with the' burner inoperative 
was 0.5 to 1 percent less’ than that obtainable with the standard 
engine tail pipe » 

. The specific fuel consumption with tail-pipe burning (fig. 19) 
increased slightly, up to a flight Mach number of about 0.45 and 
then . decreased slightly at higher .Mach numbers. The increase in 
specific • fuel consumption at low flight Mach numbers is attributed 
to the, corresponding increase in' tail-pipe fuel-air ratio with no 
change in tail-pipe combustion efficiency. The de'crcase in specific 
fuel consumption at flight Mach numbers above 0.50 is attributed to 
the fact that the combustion efficiency is increased. This increase 
in combustion efficiency had a greater effect than the further increase 
in tail-pipe fuel -air ratio. At a flight Mach number of 0.81, the 
specific fuel consumption was 2.49 with tail-pipe burning. compared 
with 1.38 with the standard, engine tail pipe. 

Tail-pipe combustion efficiency is presented as a function of 
tail-pipe fuel-air ratio for a range of flight Mach numbers at an 
altitu.de of 25,000 feet (fig. 20) and for a range of altitudes at a 
flight Mach number of 0.22 (fig,. El), The variations in burner- 
inlet total pressure, total temperature, and velocity as a function 
of tail-pipe fuel -air ratio are also shown in these figures! At a 
given, fuel-air ratio, changes in. flight Mach number had no effect on 
burner- inlet velocities, although increases in altitude raised the 
burner-inlet velocity. The combustion efficiency increased rapidly 
with .fuel-air ratio and reached a maximum value at a' fuel-air ratio 
of about 0.035 with the exception .of the data obtained at 45,000 feet 
altitude where operation was erratic. For the range of fuel-air 
ratios investigated, the combustion efficiency remained essentially 
constant above a fuel-air ratio of 0.035. 

The data in figure 20 show that the variations in burner-inlet 
pressure, accompanying changes in flight Mach number for the range 
of burner-inlet velocities from 460 to 515. feet per second, had a 
definite effect on the, tail-pipe combustion efficiency. Faising the 
flight Mach number from 0.27 to 0.52, which represents a change in 
tail-pipe pressure of 15 percent, had no apparent effect on the 
combustion efficiency. ’ A further increase' in flight Mach number, 
however, from 0,52 to 0.81, which corresponds to a rise in tail- 
. . pipe .pressure, of about 30' percent, raised the peak combustion 
efficiency from 0.30 to 0.90. 
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Increasing the altitude from 15,000 to 35,000 feet resulted 
in unifuim reductions in peak combustion efficiency from 0.85 to 
0.76 (fig. 21), which accompanied a decrease in pressure and a 
slight increase in velocity. Between 35,000 and 45,000 feet, a. 
critical region was encountered with the result that operation was - 
somewhat erratic at 45,000 feet with considerably; lower combustion 
efficiency. At a given tail-pipe fuel-air ratio (fig, 21), oper- 
ation was possible in two region's of tail-pipe combustion efficiency 
at 45,000 feet altitude. In the higher region of combustion effi- 
ciency, it was observed through a- periscope that the flame was 
seated on the entire flame' holder. When the lower combustion effi- 
ciencies wore encountered, however, observation through a periscope 
revealed that the flame on the outer ring of the flame .holder had 
blown out . 

The fuel distribution with burner D was quite similar to that 
of burner C and, although the. diffuser inner, cone was shorter and 
was larger in diameter at the downstream end, the 'primary differ- 
ence between the two burners was an' increase in burner *= inlet veloc- 
ity from about 415 feet per second with burner C to a range of 460 to 
515 feet per second with burner D. 

The operable range of tail-pipe fuel-air ratios is presented 
as a function of altitude at a flight Mach number of 0.20 in fig- 
ure 22 . The maximum operable tail-pipe fuel-air ratio was limited 
by' turbine -outlet temperature and the minimum . operable fuel-air 
ratio was limited by lean combustion blow-out. As with burner C, 
combustion blow-out occurred over a range of fuel -air ratios at 
each altitude. This range of combustion blow-out is indicated as 
the region of uncertain operation. The region of uncertain oper- 
ation occurred at higher' tail-pipe fuel-air ratios as the altitude 
was increased to 35,000 feet. The data obtained were insufficient 
to completely determine the region of uncertain operation at 

45.000 feet. The rapid reduction in maximum tail-pipe fuel-air 
ratio at altitudes up to 55,000 feet is attributed- to lowered engine 
component efficiency at the high altitudes. Operation at a some- 
what higher fuel-air ratio at 45,000 feet than was possible at 

35.000 feet is attributed to the large drop in combustion efficiency 
between these two altitudes, which, as a result, required a con- 
siderably higher tail-pipe fuel-air ratio at 45,000 feet in order to 
obtain limiting turb ine -outlet temperature. At 35,000 feet, operation 
was possible between tail-pipe fuel-air ratios of 0.031 and 0.038. 

The minimum fuel-air ratio was slightly higher than that with 
burner C, 0.026 at 35,000 feet. The maximum fuel -air ratio is sig- 
nificant only for the size- exhaust .nozzle used. 


SUMMABY OF EESULTS 


The data presented herein showed that at an altitude of 
25,000 feet and a flight Mach number of 0.85 it was possible to obtain 
thrust gains with tail-pipe burning amounting to about 0.80 of the 
normal thrust. The data also showed that up to 35,000 feet alti- 
tude it was possible to maintain the tail-pipe combustion effi- 
ciencies in the region of 0.85 with burner-outlet temperatures of 
about 3500° B. Burner-inlet velocity was shown to be a principle 
factor in maintaining the combustion efficiency approximately con- 
stant over a wide range of flight conditions. 

With a burnei- having an inlet velocity of 415 feet per second, 
the combustion efficiency was unaffected by changes in flight Mach 
number up to 0.92 at 25,000 feet altitude and changes in altitude 
up to 35,000 feet at a flight Mach number 0,27, With a burner 
having an inlet velocity of about 460 to 515 feet per second, 
however, increasing the burner -inlet pressure by raising the flight 
Mach number from 0,52 to 0.81 at 25,000 feet altitude increased the 
peak combustion efficiency from 0.80 to 0,90. Increases in burner- 
inlet velocity were also shown to raise the tail-pipe fuel-air 
ratio at which lean blow-out of the burner occurred at all altitudes. 
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Figure 1. - Burner A. 



Figure 2. - Burner B. 
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Figure 3. - Burner C* 



Combustion chamber 


Figure 4. - Burner D. 
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Figure 5, - Thrust performance for burner A. J34 engine; 
altitude, 20,000 feet; burner-inlet velocity, 440 to 480 
feet per second; turbine-outlet temperature, 1600° R. 
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Figure 6. - Comparison of specific fuel consumption for J34 
engine with standard tail pipe and with burner A. Altitude, 
20,000 feet; burner-inlet velocity, 440 to 480 feet per 
second; turbine-outlet temperature, 1600° R. 
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Figure 8. - Altitude limits of operation for burner A. J34 
engine; burner-inlet velocity, 350 to 500 feet per second; 
turbine-outlet temperature, 1625° R* 
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Figure 9. - Thrust performance and burner-outlet temperature 
for burner B. J34 engine; altitude, 25,000 feet; burner- 
inlet velocity, 455 feet per second; turbine -outlet tempera- 
ture, 1650° R. 



Figure 10. - Comparison of specific fuel consumption for J34 
engine with standard tail pipe and with burner B. Altitude, 
25,000 feet; burner-inlet velocity, 455 feet per second; 
turbine-c tlet temperature, approximately 1650° R. 
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Figure 11. - Variation of combustion efficiency, burner-inlet 
total temperature, total pressure, and velocity with tail- 
pipe fuel-air ratio for burner B. J34 engine; altitude, 
25,000 feet. 



Figure 12. - Operable range of tail-pipe fuel-air ratios for 
burner B. J34 engine; altitude, 25,000 feet; burner-inlet 
velocity, 420 to 460 feet per second. 
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Figure 13. - Thrust performance and burner-outlet temperature 
for burner C. J35 engine; altitude, 25,000 feet; burner- 
inlet velocity, 415 feet per second; turbine- outlet temper- 
ature, 1600° R\ 
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Figure 14. - Comparison of specific fuel consumption for J35 
engine with standard tail pipe and with burner C. Altitude, 
25,000 feet; burner-inlet velocity, 415 feet per second; 
turbine -outlet temperature, 1600° R. 
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Figure 15, - Variation of combustion efficiency, burner-inlet 
total temperature, total pressure, and velocity with tail- 
pipe fuel-air ratio for burner C at altitude of 25,000 feet. 
J35 engine. 
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Figure 16. - Variation of combustion efficiency, burner-inlet 
total temperature, total pressure, and velocity with tail- 
pipe fuel-air ratio for burner C at Mach number of 0.27. 

J35 engine. 
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Figure 17. - Operable range of tail-pipe fuel-air ratios for 
burner C. J35 engine; Mach number, 0.27; burner-inlet 
velocity, 415 feet per second. 




Figure 18. - Thrust performance and burner-outlet temperature 
for burner D. J47 engine; altitude, 25,000 feet; burner- 
inlet temperature, 465 feet per second; turbine-outlet 
temperature, 1675° R. 
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Figure 19* - Comparison of specific fuel consumption for J47 
engine with standard tail pipe and with burner D. Altitude, 
25,000 feet; burner-inlet velocity, 465 feet per second; 
turbine-outlet temperature, 1675° R. 
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Figure 20. - Variation of combustion efficiency, burner-inlet 
total temperature, total pressure, and velocity with tail- 
pipe fuel-air ratio for burner D at altitude of 25,000 feet. 

J47 engine. 
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Figure 21. - Variation of combustion efficiency, burner-inlet 
total temperature, total pressure, and velocity with tail- 
pipe fuel-air ratio for burner D at Mach number of 0.22. 

J47 engine. 
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Figure 22. - Operable range of tail-pipe fuel-air ratios for 
burner D. J47 engine; Mach number, 0.20; burner-inlet 
velocity, 460 to 515 feet per second. 
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COOLING OF TAIL -PIPE BURNERS 

By William K. Koffel. 
and Newell. Be Sanders 

: • Lewis Flight Propulsion Laboratory'. 


INTRODUCTION 

Combustion temperatures of 3000° to 4000° R reached in tail- 
pipe burners make cooling necessary to prevent destruction of the 
burner shell and to avoid overheating the surrounding aircraft 
structure . Hie high -temperature alloys currently used in tail -pipe- 
burner construction have maximum allowable temperatures of about 
2000° to 2200° R and airplane structures of aluminum alloys are 
limited to temperatures of abouit 660° to 7S0° R by strength consider- 
ations. 

This paper presents some preliminary results of an analytical 
and experimental investigation of several methods for tail-pipe- 
burner cooling in progress at the NACA Lewis labora-torjr. A general 
method for computing the maximum wall temperature of cooling systems 
utilizing annular cooling passages is also given and applied to a 
system in which some of the turbine -ovitlet gas is used as the cooling 
fluid. 


METHODS OF COOLING 

Tail - pi pe burner .cooled by stratification of comb usti on. - 
The simplest .means of tail -pipe -burner cooling is by 1 stratification 
of combustion in order to preserve a relatively cool layer of gas 
between the hot combustion zone and the burner shell. This stratifi- 
cation can be accomplished with -an annular-type flame holder having 
radial clearance from the shell sufficient to prevent impingement 
of the turbulent wake of burning gases on the shell. Cooling by 
stratification is present in varying degrees- in all tail-pipe 
burners. Figure 1 illustrates 'the cooling of a thin shell com- 
bustion chamber by a combination of internal stratification and 
external convection and radiation to the free stream. 

An experimental tail-pipe burner utilizing stratification 
plus external cooling free convection and radiation to the 
surroundings was tried on a J 35 engine in a sea-level static 
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test stand. The cylindrical shell of the experimental "burner , which 


is constructed of r-?. -inch -thick Inconel, has an internal diameter of 
J-b 

tSy inches. Hie annular flame holder used in this "burner has a semi- 

he 

circular cross section 2 inches wide at the downstream side and a. 


7 

mean diameter of 16 inches, leaving 3g inches of radial clearance to 
the shell. (See fig. 2 of second paper in this series.) The com- 
bustion zone extended 72 inches downstream of the flame holder to 
the exhaust -nozzle outlet; however, measurements of shell tempera- 
tures 48 and' 72 inches downstream of the flame holder were nearly 
equal and were the highest shell temperatures measured. 


Temperature of the shell measured 48 inches downstream from 
the flame holder and the average temperature of the turbine -outlet 
gas are shotm in figure 2 as a function of the final combustion temper 
ature. These data were obtained at rated engine speed and an average 
mass velocity of 18.8 pounds per second per square foot of burner 
flow area.. Hie turbine -outlet temperature increased as the combustion 
temperature increased to 3000o R. At higher combustion temperatures, 
the turbine -outlet temperature was held' at about 1715° R by increasing 
the flow area of the Variable -area exhaust" nozzlo. Hie shell temper- 
ature followed the same trend as the turbine -outlet gases and the 
highest shell temperature measured was about. 1650° E at a final com- 
bustion temperature of 3500° R. • • 


The same tail-pipe burner with a modified diffuser was oper- 
" ated on a J34 engine in the altitude wind tunnel where external 
cooling by free convection and radiation was approximately the same 
as in the static test-stand installation. The downstream end of 
■the shell was streaked with, hot spots,, which may have resulted . 
from the lower velocity in the tail pipe for the smaller engine, 
and consequently "the lower velocity gave sufficient time for the 
flame to reach the shell. 

Visual observations of the same tail-pipe burner and original 
diffuser on another J35 engine in the altitude wind tunnel indicated 
that cooling was less effective, combustion efficiency was lower, 
and operational characteristics were poorer at altitude than at 
sea -level static conditions. Hie combustion efficiency and -opera- 
tional characteristics at altitude were improved by replacing the 
original annular flame holder with a two-ring V -gutter flame holder 
having a radial clearance of 4-l/lB inches and located 14 inches 
upstream of the position of the annular flame holder. The nozzle 
end of the tail -pipe burner was severely ovei-heated and burned, 
indicating inadequate stratification. 


These experiences illustrate that the stratification method 
of cooling is adversely affected "by the requirements for service at 
high altitudes. The need for greater "burner length, low velocities, 
and different flame -holder design for the high -altitude condition 
increases the difficulty of maintaining the cool layer of gas next 
to the shell for operation at low altitude. 

Tail -yi pe biirner cool ed by liqui ds. - Another method of cooling 
is shovui in figure 3 in which a helical cooling coil encircles the 
burner shell. The use of fuel as a coolant was .tried in several exper- 
imental tail-pipe burners and ram- Jet burners.. Although preheating 
and vaporizing the fuel as it passed through the cooling coil improved 
combustion efficiency, the quantity "of fuel required for combustion 
was insufficient to hold the shell temperature . at values where fuel 
cracking and coking do not occur. ' Fuel, cooling was also subject to 
vapor lock and to consequent hot spots that, together with the high- 
temperature gradients in the shell between coils, caused buckling 
and rupture of welds. 

• The use of coolants other than fuel is more or less precluded 
by the necessity for the addition of plumbing, .pumps, and a heat 
exchanger . 

Ta il -pipe bu rner cool ed by turbine gases. - Another method 
of cooling conveys a. portion of the high-pressure gases from the 
turbine outlet through an annular pa.ssage formed between an internal 
liner and the shell to insure a layer of relatively cool gases next 
to the shell (fig. A). The internal liner assumes a temperature 
oetween the cooling-gas temperature and the combustion-gas tempera- 
ture.. Although the liner may be hotter than a shell cooled by 
stratification of combustion, low stresses make high temperatures 
in the liner less serious than high 'temperatures in the stressed 
shell. Tlie advantages of this system are the built-in supply of 
high-pressure cooling gases that provide cooling under take-off 
conditions and -the greater freedom in selecting flame holders for 
improved performance at high altitudes. One disadvantage is the 
small difference between the allowable temperature of the liner. and 
the temperature of the cooling gases. This small difference limits 
the length of liner that may be adequately cooled. 

An uninsulated tail-pipe burner with internal liner was used 
extensively in the investigations reported in the second and third 
papers ci this series. A view of the upstream end of an experimental 
burner with an internal liner is shown in figure 5. This burner 
has a diameter of 32 inches and a length of 4 feet plus an exhaust 
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nozzle. The liner is 0.040 -inch -thick Inconel and forms an annular 

passage |-lnch high. Many schemes for supporting the liner were 

tried. Ihe interlocking channels shown in figure 5 proved most 
successful in permitting freedom for thermal expansion and in 
supporting the liner against the pressure difference across it. 
Adequate cooling was provided over a wide range of operating condi- 
tions. More then 20 hours of operation with tail -pipe turning have 
teen accumulated on one liner of this type with only minor distor- 
tions. 


A tail-pipe turner similar to the one shcxna in figure 5 tut 
having a -shell .diameter of 20' inches, a liner jg-inch thick,, and a 
two -ring Y-gutter flame holder with a radial clearance of 5^ inches 
was tested on a J35 engine; Temperatures of the liner, the cooling 
gas, and the shell measured 48 inches downstream of the flame holder 
are plotted against mass velocity in figure 6. 'Hie data were, obtained 
at approximately rated turbine speed for an average mass ratio of 
cooling gas to combustion gas of 0.066 and an average final combustion 
temperature of 2060° R. The mass velocity was varied by changing the 
altitude and flight Mach number. At a mass velocity of 15.5 which 
corresponds to an altitude of 5000 feet and a flight Mach number of 
0.27, the temperature of the liner and the shell ire re 2120° and 
1430° R, respectively. This shell temperature is 160° colder and 
the liner temperature is 550° hotter than the' shell temperature of 
1530° R (fig; 2), corresponding to a final combustion temperature 
of 2860° R and a mass velocity of 18.8, which was obtained in sca- 
levol static tests of the 'thin shell cooled by stratification of the 
combustion gases? 

As altitude increased, the temperatures (fig. 6) of the liner 
and the shell decreased until an altitude of about 25,000 feet was 
reached. Between altitudes of 25,000 and 45,000 feet, the tempera- 
tures were approximately constant with a liner temperature of 1730° R 
and a shell temperature of 1250° R, 

Tailpipe bur n er cooled by air . - Another method for tail- 
pipe cooling utilizes an external cooling passage through which 
atmospheric air flows. One possible arrangement of such a system 
is shown in figure 7.. Boundary -layer air enters flush -type inlets 
and flows through an annular passage formed by a shi-oud enclosing' 
the shell. Air might also be rammed from the free stream, neither 
of these conf i gurations cool under static conditions; however, an 
ejector can be used at the exit to pump cooling air under static 
conditions. 
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An experimental tail-pipe "burner (fig. 1 of the third paper 
in this series) having a shrouded passage about 1 inch in height, 
a burner length of about 40 inches, and a two -ring semicircular 
gutter-type flame holder was operated on a J34 engine at simulated 
altitudes cf 5000 to 30,000 feet and Mach numbers of 0.22 to 1.0. 

Hie maximum shell temperatures measured about 12 inches upstream 
of the exhaust-nozzle outlet ranged from 1410° to 1630° B over a 
range of tail -pipe fuel -air ratios from 0.05 to 0.04 with the highest 
temperature occurring at the high flight Mach numbers. The tempera- 
ture of the turbine -outlet gases was approximately constant at 
1580° E. Cooling air without ram pressure was pumped through the 
cooling shroud by the ejector action of the exhaust gases, hut no 
measurements were made of the mass flow of cooling air or the pres- 
sure drop across the annular cooling passage. 

One obstacle in applying the external shroud is the difficulty 
of obtaining an unobstructed passage enclosing the shell because 
of flanges, nozzle actuators, and burner supports. 

Tail -pipe b ur ner cooled by turbi ne gases and b y air. - 
Because the shell temperatures of the internet liner are too high 
for the adjacent aircraft structure, the combination of internal 
liner and external shroud (fig. 8) appears very practicable. In 
event of damage to the liner, the double, annular passage raaj be 
safer than the insulated shell with internal liner. It is difficult, 
however, to design unobstructed internal and external passages. 

Both analytical and experimental work is being continued 
toward the solution of problems connected with the methods of cooling 
that have been discussed. 


M2TE0D OF COMPUTING ' HCMPilRATUEES 

A method of computing the maximum temperature of the wall 
separating an annular cooling passage from the burner combustion 
zone is presented. (reference, l). The method is applicable to con- 
figurations using turbine -outlet gases with an internal liner for 
cooling (fig. 4) or to configurations using atmospheric air with 
an external shroud (fig. 7 ) . 

The temperature at any point on the wall can be calculated 
by a simple heat balance if the convective and radiant hcat- 
transfor coefficients on both sides of the wall arc known and if 
the effective- combustion-gas and cooling-air temperatures adjacent 
to tho point are kne'm. The first stop in the analysis is therefore 
tlio estimation of these coefficionts and temperatures. 



In the cooling-air passage, the convective heat-transfer 
coefficients can he estimated from, the usual heat-transfer formulas 
applicable to flow in long passages. Hie magnitude of radiation 
can he found from formulas for radiation between two infinite 
cylinders . 

Hie selection of convective heat-transfer coefficients between 
combustion gases and the wall is difficult because of large unknown 
velocity and temperature gradients and because of the unknown effects 
resulting from turbulence introduced by the flame .holder and turbine. 
For the purpose of analysis , heat -transfer coefficients equal to those 
obtained with fully developed turbulent flow in long pipes have been 
used . 

Radiation between combustion gases and the wall is also diffi- 
cult to estimate because radiation from luminous flames may be ten 
times greater than radiation from nonluminous gases and because of 
the unknown degree of luminosity of the flames. Under certain oper- 
ating conditions, the combustion in some types of tail-pipe burner 
is practically nonluminous, whereas other burners or other flight 
conditions give luminous flames. For the purpose of this analysis, 
the radiant heat-transfer coefficients were assumed to he double the 
coefficients for nonluminous gases. 

In addition to the heat-transfer coefficients, the temperature 
of the combustion gases must be known. Hie experimental temperature 
profiles have not been measured and instrumentation for their direct 
measurement is troublesome and uncertain. Hie longitudinal distri- 
bution of the bulk temperature can be determined from the static-' 
pressure measurements along the burner and the usual one -dimensional 
relations for momentum pressure loss. Hie variation of bulk com- 
bustion temperature rise with burner length for two length -diameter 
ratios is shown in figure S. Hiese data were obtained from static- 
pressure measurements on a ram- jet burner having a diameter of 
20 inches. Hie rate of temperature rise is rs.pid in the first half 
of the burner and decreases as combustion nears completion. Trial 
calculations, made by the method being presented, of the maximum 
trail temperature using the temperature distribution of figure S 
and a linear rise in combustion temperature indicated small dif- 
ference? in the maximum wall tempera tire. In the remainder of the 
analysis, the bulk temperature was assumed to rise linearly with 
combustion-chamber length. 

Hie cooling-air temperature is a function of the initial gas 
temperature and the gain in temperature while traveling through the 
cooling passage. Hiis gain in temperature is unknown and must he 
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calculated "by integrating the heat transfer from the combustion 
Cases to the cooling air along the length of the passage. The dif- 
ferential equation re.la.ting cooling -air temperature rise to the 
independent variables cannot be integrated to obtain an algbraic 
equation because the heat-transfer coefficients vary with tempera- 
ture along the length of the burner. Consequently, numerical methods 
must be applied.. One numerical method is described in the next 
section of this paper. 

Pro cedu re and a ssump tions . - The initial procedure is to solve 
heat balances across the dividing wall step-by-step along the length 
of the burner and cooling passage until the maximum temperatures of 
the wall and of the cooling air are obtained. A recapitulation of 
assumptions previously given and statements of additional assumptions 
are : 

1. The convective heat-transfer coefficient corresponds to 
fully developed turbulent flow in a. long pipe* 

2. The radiant heat -transfer coefficient between the combustion 
gas and the liner is twice the radiant heat-transfer coefficient for 
nonluminous gases based on complete combustion of a stoichiometric 
mixture of kerosene (Cpql^g) and air. (On the basis of assumptions 
1 and 2, the convective and radiant heat -transfer coefficients are 
found to be approximately equal at the outlet.) 

3. The bulk total temperature of the combustion gases increases 
linearly with burner length. 

4. Ho heat flows through the outside wall of the annular passage, 
and the temperature of the outside wall equals the local temperature 

of the cooling gas in the passage. (This assumption is conservative 
and is equivalent to the insulated configuration of fig. 4.) 


The step-by-step process is used in a systematic study of 
the effects on the maximum temperature of the dividing wall of the 
8 independent variables: passage height b, passage length l , 

burner diameter D, mass velocity of combustion gas P Y , ratio 


sj o 


of mass velocitjr of cooling air to mass velocity of combustion gas 
p a v a 

— y— , final combustion-gas temperature 


T 


rr . ? ) 


inlet combustion- 


gas temperature T 




and inlet cooling-air temperature T 


A* 
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Empir ical e qua tion for co oling-air tempera t ure. - Because of 
the lsi\j3 number of variables, many step-by-step solutions -would be 
required to cover all possible combinations. Hie labor of calculations 
could be greatly reduced if an equation relating cooling-gas temper- 
ature to the independent variables could be found. It was stated 
earlier that direct derivation of such an equation is not possible 
because the differential equation for cooling-air temperature cannot 
be solved except b y numerical methods. An alternate approach is to 
select an approximate empirical equation that fits the results of 
a number of step-by-step solutions. Hie development of such an 
approximate equation generalizing the results of the step-by-step 
process is discussed in succeeding paragraphs. 


b 

c_ 

P 

D 

H 

E 

l 

»#n,p,q,r 

T 

"*V 

TJ 

T 

P 


Hie symbols used in this analysis are : 
height of cooling passage, ft 

specific heat at constant pressure, Btu/(lb)(°R) 
diameter, ft 

heat-transfer coefficient, Btu/(hr)(sq ft)(°R) 
constant 
length, ft 
exponents 

total- temperature , °R 
wall temperature, °R 

effective over-all heat-transfer coefficient, 
Btu/(hr) ( sq ft) ( or) 

velocity, ft/sec 

density, lb/cu ft 


Subscripts : 


a 


g 


cooling air or gas 
combustion gas 


4:2 


1 inlet 

2 outlet 

Hie form of tlie empirical equation should he similar to the 
exact equation for the systems shown in figures 4 and 7 with the. 
simplifying assumption that the over-all heat-transfer coefficient 
II is constant and the gas properties are constant. With the use 
of this simplifying assumption, a solution of the differential equa- 
tion is obtained, which shows that the performance of a parallel- 
flow heat exchanger can he expressed in terms of three dimensionless 
ratios : 
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where f indicates a functional relation. This function is not 
given here because ot its complexity hut is plotted in figure 10. 

v p 7„Op „ 

Dimensional analysis shows that the parameter f ± 3 a 

function of the Reynold's number of the combustion ch amb er, the 
Reynolds number in the cooling passage, and, because radiation is 
important, the temperature of the combustion gas. The results of 
the dimensional analysis leads to the empirical equation 
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Equation (2) in combination with figure 10 gives a trial form 
of the desired empirical relation. The next step is to fit the 
empirical relation to the results of the step-by-step calculations. 
Hiis fitting can bo accomplished by selecting proper values of the 
constant K, and the five exponents m, n, p, q, and r. 

Hie method for selecting the .values of the exponents is 
illustrated by the selection of n. From the results of sten-br/- 
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is found from the initial conditions. Figure 10 is 
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then need to find the values of' 

o' PnVr. ! >;> ,r 
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£l 2 ~l are then plotted against 
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These values of 


on logarithmic coor- 
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dinates as slioirn. in figure 11. The data faDJL on a straight line 
and the slope of the line is the exponent, p. 


If the trial form of the equation is correct, the value of 
the exponent p should he independent of the values of the variables 

"{3 PpYpCr)- a 

the constancy of p is checked by plotting against 

PaVe 

— for a vide rc.ngc of the variables b, l , P„, T„, and D. 
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All curves are parallel and consequently the value of p is con- 
stant. 

A similar procedure was employed in determining the values of 
all the other exponents. These exponents are also independent of 
the values of the variables. Equation (2) can therefore be rewritten 
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Equation (3) and figure 10 give the desired empirical relation 
between outlet cooling-air temperature and the independent variables 


Calc ulation of wal l temperature. - The maximum temperature 
of the dividing Trail t^ can be calculated from the equation 
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which is derived from a heat balance at the outlet. The local 

coefficient at the outlet is the sum of the local convective 

and radiant heat-transfer coefficients from the combustion gases 

to the vail and H 0 is the sum of the local convective and 
a j o 

radiant heat -transfer coefficients from the shell to the cooling 
air calculated by use of the initial assumptions. 

Compar ison of calculat ed and exp er imental temperatures. - Expori 
mentally determined tempera. tures ere compared in figure 12 with theo- 
retical temperatures calculated from equation (5) and figure 10. 
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Experimental data in figures 12 and 6 were obtained from the same 
tail -pipe configuration. Because the empirical equation is for an 
insulated 'burner and the experimental humor wax uninsulated, the 
outlet cooling-gas temperature computed from the equation (5) and 
figure 10 was reduced by an amount equivalent to the heat losses 
through the uninsulated shell. Figure 12 shows the cooling-gas tem- 
perature and the maximum liner temperature plotted as a function of 
final combustion temperature. 

Hie theoretical cooling-gas temperatures are about 50° to 100° P 
higher than the measured gas temperatures. Hie theoretical liner 
temperatures are about 20C° to 270° R higher than the measured temper 
aturcs. Hie analysis appears to give conservative temperatures for 
the cooling gas and liner; however, the degree of conservatism can- 
not be stated positively for other configurations. 


SUMMARY 

Experience with various methods of tail-pipo burner cooling 
were discussed. Several appear promising and experimental and ana- 
lytical-work is continuing to evaluate which is best. 

A generalized analysis for determining the maximum wall temper- 
ature of a burner cooled by air or gn.se s flowing through a surrounding 
annular passage was presented. Application of this analysis to a 
full-scale tail-pipo burner having an internal liner cooled with 
turbine -outlet gas appeared to give conservative results when com- 
pared with experimental temperatures. Hie generalized analysis 
should prove useful in correlating experimental data and, in spite 
of the approximations involved, will prove a valuable means of 
comparing several methods of cooling with annular passages. 
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Maximum Shell Temperature of a Combustion Chamber Having a 
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Figure 1. - Shell cooled internally by stratification of com- 
bustion and externally by convection and radiation to free 
stream. 



FINAL COMBUSTION TEMPERATURE, °R 

Figure 2. - Variation of maximum shell temperature and turbine- 
outlet gas temperature with final combustion temperature. 
Sea-level static tests of tail-pipe burning on J35 engine. 





Figure 3. - Tail-pipe burner cooled by liquids. 
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Figure 4. - Tail-pipe burner cooled by turbine-outlet gas 
flowing through an annular cooling passage. 
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Figure 5. - Experimental tail-pipe burner with internal liner 
cooled by turbine-outlet gas. 
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Figure 6. - Variation of temperatures at burner outlet with 
mass velocity of combustion gas. Altitude -wind-tunnel 
investigation of tail-pip© burning on J35 engine. 



Figure 7. -.Tail-pipe burner cooled by air flowing through an 

external shroud. 



Figure 8. - Tail-pipe burner cooled by air flowing through 
external shroud and by turbine-outlet gas flowing through 
internal liner. 
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Figure 9. - Variation oi‘ combust ion- gas bulk total temperature 
with percent of burner length. 
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Figure 12. - Comparison of theoretical and experimental 
temperatures . 
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ANALYSIS OF WATER- INJECT ION METHODS 


OF THRUST AUGMENTATION 


By E. Clinton Wilcox 


Lewis Flight Propulsion Laboratory 


INTRODUCTION 


One of the simplest methods of augmenting the thrust of a 
turbojet engine is the injection of a volatile liquid into the 
compressor inlet. Evaporation of this liquid extracts heat from 
the inlet air, and it is theoretically possible to cool the inlet 
air to the saturation temperature of the final mixture before it 
enters the engine compressor. When liquid in excess of that required 
to saturate the inlet air is injected at the compressor inlet, further 
cooling is obtained by additional evaporation during the mechanical 
compression process. The temperature of the fluid is therefore 
reduced and for a constant work input per unit of air-liquid mixture 
corresponding to a constant compressor speed, a higher compressor 
pressure ratio is obtained. This increased pressure ratio is 
reflected throughout the engine, and the engine mass flow and the 
exhaust -jet velocity are increased, both factors increasing the 
thrust produced by the .engine. 

Altering a turbojet engine for thrust augmentation by the water- 
injection method makes it necessary to provide an injection system 
at the compressor inlet, additional tanks, and, if maximum gains in 
thrust are to be realized, a variable-area exhaust nozzle. Thrust 
augmentation by injecting a volatile liquid at the compressor inlet 
is a method that can be readily applied to any engine already in use 
and has the advantage of not introducing any thrust loss when the 
augmentation scheme is inoperative. 

Experimental investigations of the effect of the injection of 
water and water -alcohol mixtures on the performance of several 
different turbojet engines are presented in references 1 to 3 and 
are discussed in the next paper of this series. Water, because' of 
its favorable thermodynamic properties, widespread availability, and 
ease of handling, is a desirable substance for inlet injection with 
the addition of alcohol for the prevention of freezing during low- 
temperature operation. 

Another method for utilizing water injection to provide thrust 
augmentation is injection in the engine combustion chambers. 
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Injecting water in the engine combustion chambers tends to decrease 
the air flow through the compressor because the total flow through 
the engine is fixed for a given turbine -inlet temperature and pres- 
sure. For a constant compressor work input per pound of air, less 
turbine work is required because of the decreased compressor air flow, 
and this decrease results in a decreased pressure ratio across the 
turbine. The decreased . pressure ratio across the turbine increases 
the pressure ratio across the exhaust nozzle and provides a greater 
jet velocity and hence greater thrust. Depending on the character- 
istics of the particular compressor under consideration, the decreased 
air flow may result in an increased engine pressure ratio. The change 
in thermodynamic properties of the working fluid due to the addition 
of water also tends to increase tho engine thrust to some extent. 

In the present paper, the results of a theoretical investigation 
of the effect on turbojet-engine performance of the injection of water 
at the compressor inlet of the engine are presented. Compressor-inlet 
injection is considered in two parts: (l) the case where sufficient 

water is injected to saturate the compressor-inlet air and (2) the 
case where sufficient water is injected at the compressor inlet to 
saturate the air at some point during the mechanical compression 
process. 

The performance of a turbojet engine utilizing combustion-chamber 
injection is also considered and compared with the performance of 
compressor-in'let and -outlet saturation. For the present analysis 
the change in compressor pressure ratio resulting from change in air 
flow was not considered for the case of augmentation by injection of 
water into the combustion chamber. 


EE SUITS AND DISCUSSION 
Saturation at Compressor Inlet 

In order to determine the thrust augmentation resulting from 
compressor -inlet saturation, it is necessary to calculate saturation 
temperatures resulting from various initial temperatures, pressures, 
and water contents. A psychrometric chart was therefore developed 
to enable calculation of these saturation temperatures, A simplified 
version of this chart is presented in figure 1. Enthalpy in Btu per 
pound of air is plotted against temperature in degrees Fahrenheit 
for various values of the ratio of relative humidity to -5, where 5 
is the ratio cf static pressure at the point of interest to standard 
sea-level static pressure. From theoretical considerations it was 
found that the introduction of the factor S in this manner would 
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generalize the values of relative humidity appearing on the familiar 
psychrometric chart for anv pressure. Lines of constant water-air 
ratio are also included. Inasmuch as the temperatures encountered 
at the compressor inlet of a turbojet engine a.t high flight Mach 
numbers are considerably higher than those appearing on the usual 
psychrometric chart,. which are generally limited to about 120° F, 

■the temperature range covered by the present chart has been extended 
to 700° F by means of the thermodynamic data for air .-arid water 
contained in references 4 and 5. 

In order to illustrate the use of this chart the following 
example is presented: Air at an initial temoerature of 600° F with 

a pressure of twice standard sea-level static pressure and with an 
initial water content corresponding to a water-air ratio of 0.005 
is assumed. Saturation always occurs, by definition, at a value of 
relative humidity of 100 percent and the ratio of relative humidity 
divided by 5 at saturation for these particular conditions is 
therefore! 0,5. Enter figure 1 at the original temperature, for this 
case 600° F, follow this temperature line to the water-air-ratio line 
representing the original water -air ratio of 0.005, go across a 
constant-enthalpy line to the value of relative humidity divided by 5 
for saturation, which is 0.5. This value determines the saturation 
temperature, which for this example is 156° F. Thus, for this 
particular example, the air can be cooled 444° F by saturation. 

The amount of water that must be evaporated to .saturate the air 
can also be determined directly from the chart. For the saturated 
condition (fig. 1), the water-air ratio is 0.105 and for the initial 
condition, 0.005. In order to saturate the air, the difference or 
0.100 pound of water per pound of air must therefore be evaporated 
for this particular example. 

For a given pressure, the ratio of relative humidity to 5 for 
saturation remains constant, and as can be seen from figure 1 these 
curves of constant ratio of relative humidity to 5, over a wide 
range in the vicinity of 1, are approximately vertical, indicating 
a constant saturation temperature . Therefore, as the starting tem- 
perature is increased, the amount of cooling possible increases. 

Increasing the pressure decreases the ratio of relative humidity 
to 5 for saturation. From figure 1 it can be seen that decreasing 
the value of relative humidity divided by S results in an increased 
saturation temperature; thus, for a given initial temperature 
increasing the pressure reduces somewhat the cooling possible from 
saturation. 

In figure 2 the effect of. flight conditions on the amount of 
cooling that can be obtained by saturating the compressor-inlet air 
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to a turbojet engine is presented. The data shown in this figure 
are for an inlet-diffuser efficiency of 0.80 and an atmospheric 
relative humidity of 50 percent. Compressor-inlet stagnation pres- 
sure and temperature are shown as functions of flight Mach number 
for altitudes of sea level and 35,000 feet. Also shown as dashed 
lines are the temperatures resulting after constant -pressure satura- 
tion. The water-air ratios necessary to produce saturation are shown 
in the uppermost curves. As the flight Mach number is increased, 
the amount of cooling possible increases as indicated by the increasing 
difference between the solid and dashed curves. For sea-level alti- 
tude the cooling possible increases from 10° at a Mach number of 0 
to 155° at a Mach number of 1.5. The increased cooling at the higher 
Mach numbers is a result of the increased temperature prior to 
saturation; the increased pressure encountered at the higher Mach 
numbers would tend to decrease the cooling possible as was pointed 
out in the discussion of figure 1. The cooling obtained for a given 
Mach number. at an altitude of 35,000 feet is less than that obtained 
at sea level because of the decreased temperatures at high altitude. 

The water-air ratio required to produce saturation increases as the 
Mach number .increases and decreases with increased altitude. 

With the use of data presented in figure 1, the thrust 
augmentation resulting from compressor-inlet saturation was determined 
for a representative turbojet engine. The following values for 
efficiencies and design, constants were assumed: compressor 

efficiency, 0.80; turbine' efficiency, 0.85; exhaust -nozzle effi- 
ciency, 0.951 inlet-diffuser efficiencies of 1.00, 0.85, 0.80, 
and 0.75 for flight Mach numbers of 0, 1.0, 1.5, and 2.0, respectively; 
a loss in total pressure in the engine combustion chambers of 3 per- 
cent of the combustion-chamber-inlet total pressure; and a tail-pipe 
gas temperature of 1650° R> The compressor was assumed to have a 
sea-level static-pressure ratio of 4.32; at other flight conditions 
the pressure ratio was varied to meet the conditions of constant work 
input (constant rotative speed). 

These assumed design variables were maintained constant for all 
conditions except where it was desired to show the effect of inlet- 
diffuser efficiency and compressor pressure ratio. For these cases 
the inlet-diffuser efficiency and compressor pressure ratio were 
varied systematically. 

In figure 3 the ratio of augmented to normal thrust is shown 
as a function of flight Mach number for inlet-diffuser efficiencies 
of 0.60, 0.80, and 1.00 and for altitudes of sea level and 
35,000 feet. The relative humidity of the ambient air is assumed 
to be 50 percent. For each point on the curve sufficient water has 
been injected in the compressor inlet to saturate the air. The ratio 
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.of augmented to normal thrust increases rapidly with increased Mach 
number. For sea-level altitude and an inlet -diffuser efficiency 
of 0.80, the ratio of • augmented to normal thrust increases from 1.03 
at a flight Mach number of 0 to 2,16 at a flight Mach number of 2.0. 

At a flight Mach number of 2.0, the ratio of augmented to normal 
thrust is decreased to 1.48 with. increase in altitude to 35,000 feet. 
This decrease- in thrust augmentation is due to the lower temperatures 
associated with high-altitude operation. For a given flight Mach 
number, the ratio of augmented to normal thrust increases as the 
inlet-diffuser efficiency decreases.. This effect occurs because 
of the increased cooling possible at the decreased pressure attending 
lower diffuser efficiency. Although the ratio of augmented to normal 
thrust is increased, a j ow inlet-diffuser efficiency is not a virtue 
3ince it reduces the entire performance level of the engine. 

The .cooling possible from inlet saturation and hence the 
augmentation is influenced by atmospheric relative humidity. In 
figure 4, the ratio of augmented to normal thrust is shown as a 
function of flight Mach number for atmospheric relative humidities 
of 0, 50, and 100 percent. These curves are for sea-level altitude 
and an inlet-diffuser efficiency of 0.80. For each point on the 
curves sufficient water has been injected to saturate the compressor- 
inlet air. The relative humidity of the atmosphere has a comparatively 
slight effect on the ratio of augmented to normal thrust, with the 
maximum change in performance occurring at low Mach numbers and the 
effect decreasing as the Mach number is increased. 


Saturation at Some Point during Mechanical Compression 

The previous discussion has been concerned with cases where 
only sufficient water to saturate the compressor-inlet air has been 
injected; the problem where sufficient. water is injected to saturate 
the air at some point during the mechanical compression process is 
now considered. In order to calculate compressor performance when 
water is evaporating during the compression process, a Mollier 
diagram was prepared specifically for this application. A simplified 
version of this diagram is presented in figure 5. 

Every point on the diagram pertains to a saturated mixture of 
air and water vapor and was determined from the thermodynamic 
properties of air and water contained in references 4 and 5. Enthalpy 
in Btu per pound of air is shown as a function of entropy in Btu per 
pound of air per degree Rankine for various temperatures much as in 
the familiar Mollier diagram for steam. Constant -pres sure lines 
appear as approximately straight lines having a positive slope and 
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lines of constant water-air ratio appear as negatively sloping straight 
lines. The zero of enthalpy and entropy have been arbitrarily chosen 
at a temperature of 59° F and a pressure of 14.7 pounds per square 
inch . 

In order to utilize this chart to calculate compressor perform- 
ance it is necessary to know the actual and isentropic works of 
compression. The actual work can be found as the product of the 
compressor tip speed squared and the compressor slip factor, and the 
isentropic work can be calculated as the product of the actual work 
of compression and the compressor efficiency. 

The following example is presented to illustrate the use of 
this chart: Initially saturated air at a temperature of 59° F having 

a pressure of 14.7 pounds per square inch is assumed. It is further 
assumed that sufficient water is injected to saturate the air at the 
compressor outlet and that the compressor has an efficiency of 0.80 
and imparts a work of 80 Btu per pound of air passing through it. 

This actual work and compressor efficiency correspond to an 
isentropic work input of 64 Btu per pound of air. Enter the chart 
at a temperature of 59°' F and a pressure of 14.7 pounds per square 
inch as indicated by point 1 on figure 5. Increase the enthalpy at 
constant entropy by an amount equal to the ideal work of compression, 
for this particular example 64 Btu per pound of air as indicated 
by point 2 (fig. 5). The pressure at point 2 is the actual pressure 
at the compressor outlet. Follow along the constant-pressure line 
(point 2 to poing 3) until the enthalpy is equal to the enthalpy 
at point 1 plus the actual compressor work, for this case 80 Btu 
per pound of air as Indicated .by point 3. The conditions at point 3 
represent the actual conditions at the compressor outlet and for the 
present example the temperature is 170° F and the pressure 70 pounds 
per square inch. The value of water-air ratio can also be read from 
the chart, and for this example is 0.058. The water-air ratio at 
the compressor-inlet conditions is 0.011 so that for the present 
example the difference or 0.047 pound of water per pound of air are 
evaporated in passing through the compressor. 

The chart only applied for saturated mixtures and if there is 
insufficient water to saturate the air at the compressor outlet, the 
compressor performance is calculated by assuming the process to 
consist of the following two steps : 

1. Compression as previously described to the point where satura- 
tion occurs 

J ’ ‘ V * 

2. Adiabatic compression of a gas mixture consisting of air and 
water vapor, which can he calculated using familiar thermodynamic 
relations 
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In order to illustrate a case of this type, the compressor 
previously described was again assumed : a compressor efficiency of 

0.80, and an actual compressor work input, of ,80 Btu per pound of 
air passing through it. For this case it is assumed that water is 
evaporating only during one -half of the actual compressor .work input. 
The pressure and temperature after all the water is evaporated can 
be determined from the Mollier diagram (fig. 5) as, previously 
described but using 40 and 32 instead of 80 and 64,. Btu per pound of 
air for the actual and isentropic work input, respectively. For this 
case, the pressure is 33.5 pounds per., square inch and the tempera- 
ture is 120° F. The remaining work input of 40 Bt.u per pound of air 
is done on a mixture of air and water vapor , The temperature rise 
for this part of the process can be determined from the specific 
heat of the mixture and the remaining work input. For the remaining 
compression process the temperature rise is calculated to be 161° F. 

The temperature after compression is the sum of the temperature after 
the initial stage and the temperature rise during the second stage 
or 281° F. From the compressor efficiency, the pressure after the 
first stage, the temperatures before and after the second stage of 
compression, and the ratio of specific heats for the air-water 
mixture, the final pressure can be found. For this particular 
example the compressor-outlet pressure is found to be 68 pounds per 
square inch. 

If it is desired to calculate the compressor performance for a 
given water-air ratio, the procedure is similar to that previously 
described except a trial-and-error solution is involved. 

To date it has been impossible to obtain close agreement 
between theoretical and experimental results for saturation at some 
point during the mechanical compression process because the effect 
of water injection on the performance of each component, particularly 
the compressor of the turbojet engine, Is not understood. Also it 
is not known to what extent the actual process, both before and 
during the compression process, follows the thermodynamic equilibrium 
for air and water. Correction factors must therefore be introduced 
to reconcile theoretical and' experimental data. These correction 
factors seem to vary with different engines and because of the 
limited amount of data available no general corrections are 
recommended at the present time. 

For the investigation of the thrust augmentation resulting 
when water evaporates during the compression process, the Mollier 
diagram (fig. 5) was used to calculate compressor performance for 
the turbojet engine having the assumed design characteristics 
previously given. In calculating the following results, the compressor 
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efficiency was altered with varying water-air ratio to bring agree- 
ment between calculated sea-level static performance and experimental 
sea-level static performance for one particular engine. These values 
of compressor efficiency were then used in calculating performance 
at other flight conditions. 

In figure 6 the ratio of augmented to normal thrust is shown as 
a function of water-air ratio for sea-level Mach numbers of 0, 0.85, 
and 1.50, and for Mach numbers of 0.85 and 1,50 at an altitude 
of 35,000 feet. The ratio of augmented to normal thrust increases 
as the water-air ratio and the flight Mach number are increased and 
decreases as the altitude is increased. The condition of compressor- 
outlet saturation is indicated by the circles, and the condition of 
compressor-inlet saturation is indicated by the crosses (fig. 6). 

At sea level and a flight Mach number of 1.50, the ratio of augmented 
to normal thrust is 1,56 for compressor-inlet saturation and 2.01 for 
compressor-outlet saturation. At sea level and a flight Mach number 
of 0, the ratio of augmented to normal thrust for compressor-outlet 
saturation decreases to 1.33. For a flight Mach number of 1.5, 
increasing the altitude from sea level to 35,000 feet decreases the 
ratio of augmented to normal thrust for compressor-outlet saturation 
from 2.01 to 1.63. 

The effect of, atmospheric temperature and relative humidity on 
thrust augmentation resulting from compressor-outlet saturation are 
shown in figure 7. The ratio of augmented to normal thrust is shown 
as a function of atmospheric temperature for values of atmospheric 
relative humidity of 0 and 100 percent. The curves presented are for 
sea level and for flight Mach numbers of 0 and 0.85, and for each 
point on the curves sufficient water has been injected to saturate 
the compressor-outlet air. The augmentation for an atmospheric 
relative humidity of 0 percent is always greater than that for an 
atmospheric relative humidity of 100 percent. For a relative 
humidity of 0 percent, the augmentation increases as the atmospheric 
temperature increases; whereas for an atmospheric relative humidity 
of 100 percent, the thrust augmentation is approximately constant 
for a Mach number of zero, and for a flight Mach number of' 0.85 
augmentation increases slightly and then decreases as the atmospheric 
temperature increases. The conditions of 100-percent atmospheric 
relative humidity and high atmospheric temperatures are not ones 
that would usually be encountered under actual atmospheric conditions. 

The effect of normal engine compressor pressure ratio on thrust 
augmentation' is shown in figure 8 at sea level and zero flight Mach 
number. In this particular figure, the turbine-inlet temperature 
rather than the turbine -outlet temperature has been maintained constant 
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because if the turbine-outlet temperature were maintained constant, 
the turbine-inlet temperature at the higher compressor pressure 
ratios would have been considerably higher than current turbine 
materials allow. For each point on the curve sufficient water has 
been injected to saturate the compressor-outlet air. It can be seen 
that the thrust augmentation increases approximately linearly with 
increased compressor pressure ratio. An augmented thrust of 1.31 
times the normal thrust is obtained for a compressor pressure ratio 
of 4, and this ratio increases to 1.7 at a compressor pressure 
ratio of 10. 

Also shown in figure 0 is the ratio of total liquid (water plus 
fuel) to normal fuel as a function of normal compressor pressure 
ratio. This ratio also increases as the compressor pressure ratio 
is increased and thus the higher, thrust augmentation obtained at 
the higher compressor pressure ratios are obtained at the expanse of 
increased ratio of total liquid to normal fuel. The increased liquid 
consumptions at the high compressor pressure ratios are a result of 
the high water-air ratios required to saturate the air. 


Injection in Engine Combustion Chambers 

For the augmentation method consisting of water injection in 
the engine' combustion chambers, performance was calculated for the 
same turbojet engine as previously described and is shown in fig- 
ure 9. The ratio of augmented to normal thrust and the ratio of 
total liquid' to normal fuel are shown as functions of sea- level Mach 
number for water-air ratios of 0.08 and 0.2. Both the ratio of 
augmented to normal thrust and the ratio of total liquid to normal 
fuel increase as the flight Mach number and the water-air ratio are 
increased. For a water-air ratio of 0.20, increasing the flight 
Mach number from 0 to 2.0 increases the ratio of augmented to 
normal thrust from 1.18 to 2.25. The ratio of total liquid to normal 
fuel increases from about 11 at a Mach number of 0 to 15 at a flight 
Mach number of 2.0.: 


Comparison of Water-Injection Methods 

In figure 10 the ratio of augmented to normal thrust and the 
ratio of total liquid (water plus fuel) to'normal fuel as functions 
of flight Mach number for compress or -inlet and compressor-outlet 
saturation are superimposed on the curves of figure 9 to obtain a 
comparison. Compressor-outlet saturation provides the greatest thrust 
increase at all flight Mach numbers. At a Mach number of 0, compressor- 
outlet saturation provides a ratio of augmented to normal thrust twice 
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that produced by combustion-chamber injection for a water-air ratio 
of 0.20. At a Mach number of 2.0, the ratio of augmented to normal 
thrust produced by outlet saturation is approximately 35 percent 
greater than that for combustion- chamber injection. For all flight 
Mach numbers, the ratio of total liquid to normal fuel for compressor 
outlet saturation is less than or equal to that for combustion- 
chamber injection (water-air ratio 0.20). This difference in ratio 
of total liquid to normal fuel decreases as the flight Mach number 
increases. The ratio of augmented to normal thrust for compressor- 
inlet saturation is less than that for combustion- chamber injection 
(water-air ratio 0.20) at low Mach numbers and the ratios are 
approximately equal : at high Mabh numbers. For all flight Mach 
numbers, the ratio of total liquid to normal fuel for compressor- 
inlet saturation is considerably lower than that for combustion- 
chamber injection (water-air ratio' 0.20). 


SUMMARY OF RESULTS 

The theoretical investigation of water-injection methods for 
thrust augmentation has shown that the injection of sufficient water 
at the compressor inlet to saturate the compressor-outlet air 
provided up to approximately 50-percent increase in thrust for sea- 
level static conditions and up to 100-percent increase at sea level 
and a Mach number of 1.50. At sea level and a Mach number of 1.50, 
compressor-inlet saturation provided approximately 60-percent 
increase in thrust. For all flight Mach numbers, compressor-outlet 
saturation provided greater thrust increase than combustion-chamber 
injection (water-air ratio 0.20) at equal or lower liquid consump- 
tions. Increasing altitude decreases the thrust increase produced 
by water injection. 
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Figure 2. — Effect of flight conditions on cooling possible 
from saturation. Inlet-diffuser efficiency, 0.80; 
atmospheric relative humidity, 50 percent. 
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Figure 4. - Variation of thrust augmentation with flight conditions 
and atmospheric relative humidity. Altitude, sea level; inlet- 
diffuser efficiency, 0.80; compressor-inlet air saturated. 


arm 


ENTHALPY, BTU/LB AIR 



Figure 5. - Mollier diagram* 
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Figure 6. - Effect of flight conditions and water air ratio 
on thrust augmentation. Atmospheric relative humidity, 

50 percent. 
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Figure 7. - Variation of thrust augmentation with atmospheric 
temperature and relative humidity. Altitude, sea level; 
compressor-outlet air saturated. 
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Figure 8, - Effect of compressor pressure ratio on thrust 
augmentation and on ratio of total liquid to normal fuel. 
Altitude, sea level; flight Mach number, O; compressor- 
outlet air sat. orated; atmospheric relative humidity, 

50 percent. 
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Figure 9. - Augmentation and total liquid comsumptlon for 
combust Ion-chamber Injection. Altitude, sea level: 
atmospheric relative humidity, 50 percent. 
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Figure 10. - Comparison of compressor-inlet and -outlet 
saturation with Injection In engine combustion chamber. 
Altitude, sea level; atmospheric relative humidity, 

50 percent. 
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EXPEEIMENTAL INVESTIGATION CF THEUST AUGMENTATION BY 
WATEE -ALCOHOL INJECTION 
By Bruce T, Lundin 
Lewis Flight Propulsion Laboratory 

INTEODUCTION 

Experimental investigations of thrust augmentation by water- 
alcohol injection were first conducted at the NACA Cleveland labor- 
atory in 1943 and subsequent investigations of various applications 
Of this method of augmentation on different types of turbojet engine 
have been continued to the present. The material presented in this 
paper constitutes a brief summary of the salient features of these 
experimental investigations, all of which were conducted at zero- 
ram, sea-level-pressure conditions. 


EESULTS AND DISCUSSION 

Compress or -Inlet Injection with Centrifugal -Flow -Type Engine 

Among the first of these experimental research programs was an 
investigation of the injection of water and water-alcohol mixtures 
at the compressor inlets of a centrifugal-flow-type rurbojet engine 
(references .1 and 2). A schematic diagram of a turbojet engine 
equipped for injection at the compressor inlets is shown in figure 1. 

In addition to the tanks and pumps necessary for an .aircraft installa- 
tion, the augmentation equipment consists of a water-alcohol mani- 
fold-connected to several commercial spray nozzles equally spaced 
around the circumference of each compressor inlet. The thrust increase 
attendant with the injection of the water and alcohol is due primarily 
to cooling of the inlet air by evaporation of the injected liquids, 
both before reaching the compressor and during the compression pro- 
cess. This cooling effect results in an increase in compressor pres- 
sure ratio that, in turn, increases the total mass flow through the 
engine and the jet velocity, both of which contribute to increased 
engine thrust. 

Normal a ir tempe rature . - The thrust augmentation obtained by 
injection at the compressor inlets at normal Inlet -air temperatures 
with a 4000 -pound -thrust centrifugal -flow -type engine is summarized 
In figure 2, in which the ratio of augmented to normal thrust is 
plotted against the total liquid consumption for various mixtures 
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of water and. alcohol.. These data are based on the results of over 
100 runs and summarize the performance obtained at maximum rated 
engine speed. The engine was equipped with a standard fixed-area 
exhaust nozzle and the inlet-air temperatures for these tests ranged 
from 45° to 70° F, The total liquid consumption, used as the abscissa 
scale, includes the fuel flow to the engine combustion chambers and 
the flow of injected water and alcohol. . 

Operation of the engine with pure -water injection at rates of 
total liquid consumption over 4 pounds per second was not possible 
because the engine fuel system had insufficient capacity to main- 
tain rated engine speed at these injection rates. Operation with 
injected mixtures containing £0~percent (by weight) alcohol was 
limited to rates of total liquid consumption of about 5 pounds per 
second because of excessive tail-pipe gas temperatures and large 
glowing hot spot 3 in the vicinity of the turbine. For all the 
water-alcohol mixtures used, the thrust augmentation increased almost 
linearly with total liquid consumption up to a liquid consumption of 

5— to 6 pounds per second and tended to level' off at high rates of 

liquid consumption, A maximum thrust ratio of 1,26 was obtained at 
a total liquid consumption of slightly over 7 pounds per second for 
an injected mixture containing 40-percent alcohol by weight. At this 
noint, the injected flow of water and alcohol was about 6 pounds per 
second. Because of the leveling of the thrust curves at, high injec- 
tion rates, thrust augmentation only slightly less than the maximum 
possible augmentation can be obtained at considerably reduced injec- 
tion rates. For example, a thrust ratio of- 1,22 was obtained- at a 
total liquid consumption, of about 5.5 pounds per second, which corres- 
ponds to a rate of water.ralcohol injection of slightly over 4 pounds 
per second. • ---. 

A comparison of the curves for various water -alcohol mixtures 
shows that for the same total- liquid consumption the thrust: augmen- 
tation is increased slightly as the alcohol content of the injected 
mixture is increased. This improvement in engine performance with 
increased alcohol injection is a result of a replacement of the engine 
primary fuel by the injected alcohol, as is illustrated later. One 
advantage of including alcohol -in the injected mixture, therefore, is 
that the alcohol decreases the primary fuel requirements of the engine 
and thus permits operation at higher injection rates than are possible 
with water alone and slightly reduces the. total liquid consumption for 
a given thrust augmentation. An additional advantage is the low 
freezing temperature of water-alcohol mixtures; the freezing point of 
a 40 -percent -alcohol mixture is about -22° F. 
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The ' variation, of compressor pressure ratio, air flow, and total 
gas flow with injection rate for various water-alcohol mixtures is 
shown in figure 3.. The compressor pressure ratio increases fairly 
rapid-ly with liquid injection Up to a flow of about 4 pounds per 
second, and levels off for higher injection- rates. A maximum pressure 
ratio - Of slightly over 4.5 was obtained: for an -injection rate of 
about £ pounds per second, compared with the normal pressure ratio of 
slightly over 4.0. The effect of the amount of alcohol in the injected 
mixtures -is relatively, slight . The total, mass flow through the engine, 
which -is limited by the capacity of the turbine nozzles, is shown 
by the dashed line in figure 3. This increase; in total mass flow with 
increased -injection rate is approximately proportiaal to the increase 
in compressor -outlet pressure- because- the turbine-inlet temperature 
was nearly constant over the range of injection rates used (the flow 
rate being controlled by conditions at the turbine nozzle) . The total 
mass -flow increased from a normal value -Of slightly less than 
82 pounds per second to a maximum of over 91 pounds per second at an 
injection rate of 5. pounds per second,.. which represents an increase 
of about 12, percent . Thyis, about half -of ■ the maximum thrust augmen- 
tation of. 26 -percent', which was' shown in .figure. 2, : is.. a result of the 
increase in total mass, flow .through the:, .engine and the remaining half 
is due to the increased jet' velocity provided by. the higher pressure 
ratio. The, engine air flow /increased from a .normal value of slightly 
over 80 pounds per second to a' maximum of .about 65.5 pounds per sec- 
ond' for an injection. rate , of • 4 'pounds' per: second. Because the total 
mass flow remained nearly constant ' in ' the. region of high injection 
rates-, an increase in liquid injection beyond 4 pounds per second- was 
accompanied-' by a decrease in engine air flow from its. maximum value. 

The effect of water-alcohol injection on the engine' primary fuel 
flow' -is shown in figure 4 in which the fuel flow is plotted against 
the injection rate for the various water-alcohol mixtures. Because 
of - the extra fuel necessary to vaporize and; heat the injected water, 
the fuel required to maintain rated engine-speed .increases with injec- 
tion rate for the mixtures containing. 0- and 20-percent alcohol. How- 
ever, because the alcohol burns in the .combustion chambers and thus 
serves as a fuel itself, the engine primary fuel requirements are 
decreased as the injection of mixtures containing 40- and 60-percent 
alcohol is increased. An evaluation of the amount of this fuel replace- 
ment by increased alcohol content in the injected mixtures showed 
that about 40 percent of the heat of combustion of the alcohol is 
liberated in the combustion b'hambers-. The horizontal dashed line 
drawn through the point of normal engine fuel flow indicates the mix- 
tures of water and alcohol that may be injected without a change in 
fuel flow and hence without a change in the throttle setting. These 
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constant -throttle mixtures .vary from about 40-percent alcohol at 
the lowest infection rates to about 32 -percent alcohol at the 
highest injection rates. 

' ~ Elevated air temperature .• - As previously stated, all these 
results are re str icted 'to inlet-air temperatures- (between 45° and 70° F) 
that prevailed during the time of the tests. Many applications of 
thrust augmentation are, however, those of high-speed flight at 
moderate altitudes, where the ram temperature rise of the inlet .air 
is appreciable . ' Because variations in the temperature of the inlet 
air may be expected tp have an important part in -the evaporation 
process of the injected liquids and. hence in. the thrust augmentation 
produced', an investigation has been- conducted to determine experi- 
mentally the effect of inlet-air temperature on the thrust augmen- 
tation produced by. injection of water -alcohol mixtures' at the com- 
pressor inlets. This investigation also served the’ secondary pur- 
pose of providing' data for an experimental evaluation of the appli- 
cability of the analysis presented in the preceding paper over a 
range of both liquid injection rates and inlet-air temperatures.. 

The high inlet -air temperatures required for this' investigation 
were obtained' by. an exhaust -gas bleedbact system in- which part. of. 
the engine exhaust gases were ducted to the -engine inlet and suit- 
ably mixed with the cooler air from, the.: normal' inlet -air system. 

• The maximum inlet -air temperatures used ih. this investigation were 
about 200° F, which required an exhaust -gas bleedbac-k of about 

10 percent and resulted .. in a . reduction of the- oxygen content of 
the engine -inlet air from, the normal value of 23 i.2' percent to 
22.6 percent' by .weight . . Satisfactory correlation of "data from 
several standard engine tests without injection showed -that- this 
reduction in 'oxygen content of the .engine -inlet air did not alter 
. the engine performance . This investigation was also conducted on 
a 4000 -pound -thrust centrifugal-flow-type- engine with a standard 
fixed-area exhaust "nozzle and with a - variable:-area exhaust nozzle. 

The results of the investigation with- the fixed-area exhaust 

• nozzle are summarized in figure 5, in which the engine thrust is 
plotted against the inlet -air temperature : for the normal (unaugmented), 
■performance and for the augmented. operation with' total liquid con- 
sumptions from 2 ,25 to 4.25 pounds per second.. These tests were 
restricted to the injection of water-alone and the engine was 
operated at either the maximum rated speed or at the maximum oper- 
able speed as limited by allowable tail-pipe gas temperatures. The 
specific humidity of the. inlet air was very nearly constant at a 
value of about 50 grains per- pound of air. 
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For complete ranges of normal engine performance and of aug- 
mented operation at high inlet -air temperatures, it was necessary 
to continually reduce the engine speed as the inlet -air temperature 
was increased to order to prevent exceeding the maximum rated tail- 
pipe gas temperature. In fact, operation of the engine without 
water injection was limited to an inlet -air temperature of 140° F 
hecause further reductions in tail-pipe gas temperature by reducing 
the engine speed were not possible. This necessary reduction of 
engine speed, together with the decrease in compressor Mach number 
attendant with the increased air temperature , is responsible for 
the large -reduction in thrust with increased inlet -air temperature. 
This decrease in thrust with increased . air temperature is- much 
greater for normal engine operation and at low races of water injec- 
tion than for the high rates of injection, because for these condi- 
tions the necessary reduction in engine speed is greatest. The 
increase in thrust obtained by water injection is therefore much 
greater at high inlet -air temperatures than it- is at low inlet -air 
temperatures. For example, with a total liquid consumption of 
4.25 pounds per second a thrust increase of about 700 pounds was 
obtained at 80° F as compared with a thrust increase of about twice 
this amount, or 1400 pounds, at an inlet -air temperature of 140° F. 

The data of figure' 5 are replotted in figure 6, where the ratio 
of augmented to normal engine thrust is shown as a function of inlet - 
air temperature for the various values of total liquid consumption. 

The thrust augmentation increases very rapidly with increased inlet - 
air temperature, particularly for high values of total liquid consump- 
tion, For the total liquid consumption of 4.25 pounds per second, 
which results from the .injection of about 2.7 pounds per second of 
water, the augmented thrust ratio increases from about 1.25. at an 
inlet-air temperature of 80° F to over 1,70 at. an inlet-air temper- 
ature of about 140° F . 

The re suits obtained with the variable-area exhaust nozzle on 
the engine are summarized in figure 7,. in which the engine thrust is 
plotted against the inlet -air temperature for various rates of total 
liquid consumption, Fpr these runs, the engine was operated at 
maximum rated speed and the tail-pipe gas temperatures were maintained 
constant at the maximum rated, value by adjustment of the exhaust - 
nozzle area. As for the previous runs, the specific humidity of the 
inlet air was fairly constant, varying between 40 and 60 grains per 
pound. These runs included the injection of mixtures of water and 
alcohol varying from pure water to 60-percent, alcohol but, because 
no systematic trend with alcohol misture could be .detected in the 
data, the data points are .coded for various, total liquid consumptions 
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only. The two dashed lines show, for comparison, the' performance 
with the fixed-area exhaust nozzle on the engine at zero injection 
and at a total liquid consumption of 4.25 pounds per second, as 
obtained from the data of figure 5. 

The thrust of the engine with the variable -area nozzle is about 
the same as that obtained with the fixed -area nozzle for inlet -air 
temperatures varying from about 60° F for unaugmented operation to 
•about 140° Fat a total liquid consumption of 4.25 pounds per second. 
The thrust with the two types of exhaust nozzle is the same because 
the variable -area nozzle, which was controlled to maintain limiting 
tail-pipe gas temperatures, had about the same area as the standard 
fixed-area nozzle at these operating conditions. The thrust with 
the variable-area nozzle at both higher and lower irilet-air tempera- 
tures, however, was greater than that obtained with the fixed-area 
nozzle because, at the high inlet-air temperatures, the exhaust- 
nozzle area could be increased to maintain limiting tail-pipe gas 
temperature instead of reducing the engine speed and, at low inlet - 
air temperature, slight- reductions in the exhaust -nozzle area below 
the standard size were possible. With the variable-area nozzle, 
therefore, the decrease in engine thrust with increased inlet -air 
temperature is less than for the fixed-area nozzle and, moreover, 
satisfactory operation Is possible at higher inlet -air temperatures. 

The thrust increase obtained by the water -alcohol injection is greater 
at higher inlet-air temperatures than it is at normal inlet-air 
temperatures. For example, at a total liquid consumption of 
5,25 pounds per second, which resulted from the injection of 4.0 pounds 
per second of water and alcohol, the thrust augmentation was about 
800 pounds at normal inlet -air temperatures and increased to about 
1500 pounds at an inlet -air temperature of 200° F, 

The data of figure 7 are replotted in figure 8 to show the 
ratio of augmented to normal thrust for the same range of inlet -air 
temperatures and total liquid consumptions. The experimental thrust 
augmentation increases fairly rapidly with both increased inlet-air 
temperature and increased, total liquid consumption' and reaches a 
value of about 1.65 for a total 'liquid consumption of 5,25 pounds per 
second at an inlet -air temperature of 200° F„ Although the thrust 
augmentation obtained with the fixed-area nozzle was greater than 
these values for the variable -area nozzle, especially at high inlet- 
air temperatures, it is recalled that the actual augmented thrust 
produced was slightly highei* with the variable -area nozzle. 

Also included in figure 8 is a series of dashed lines that 
represent the results of a theoretical analysis of the wet -compress ion 
process. The calculations of the theoretical thrust augmentation 
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arc, as in the method of the preceding paper, based on the assump- 
tions that the air is completely saturated before entering the com- 
pressor and., is in equilibrium with the water throughout the com- 
pression prcce.ss , For : these calculations, however, the values of 
compressor efficiency and. slip factor used were the same as the 
values obtained 'without .injection at' the various inlet-air temper- 
atures. , Adjustments to the compressor 'efficiency such as were 
mentioned in. the preceding paper' were not attempted for these 
calculations because the effects of liquid; injection on compressor 
performance of. tills' engine are still under study. The theoretical 
values of the . augmented thrust ratio are from 5. 'to' "25 percent higher 
than the experimental values, the difference increasing with increasing 
inlet-air .temperature, -and, . moreover,' the lines are of somewhat 
different; shape'- • This difference between the theoretical calculations 
"and experimental performance therefore ' indicates the degree to which 
'the- actual vaporization process departs from the idealized one and 
the influence of possible, changes in compressor performance affected 
by the water injection. 

: * * ’ ■ " . ' • • \ 

.Compressor -Inlet Injection with Axial -Flow -Type Engine 

In addition to the. previously discussed ..investigations on 

s centrifugal-flow -dype engines/ an investigation has been conducted 
to determine tlie performance of an axial -flow-typei engine with 
water -alc.oh.ol injection;' at the compressor, inlets (reference- 5). A 
■ dOOO-potind-th'ruS't engine -equipped with a variable -area exhaust nozzle 
was used.-. , Different' infection systems were tried in an effort to 
obtain the' best' atomization and distribution of the ; injected liquids. 
The results, obtained with the different systems were all about the 
same, however,- aridy for brevity, the results of a typical run with 
only one of the’ systems is presented. 

. In... figure 9 the ratio of au'gijented, to normal engine thrust is 

shown for various total liquid consumptions.. For the highest total 
liquid, consumption shown. (6.0 Ib/sec) ,- the. injection rate was about 
"’4,5 pounds per second. The use of 'this injection rate, however, 
resulted .-in damage to the engine in the - form .of. compress or -blade 
rubbing, and cracking and warping of the blades of the turbine 
nozzle. -box, Satisfactory engine Operation accordingly limited the 
injection. rate to about 5 pounds 'per. . second^ resulting in a total 
liquid consumption' of about'. .4.5' pounds - per .second and. .a thrust ratio 
of 1.15. This limit to the possible -thrush augmentation is consider- 
ably lower than the. value of 1.26 obtained, with the' centrifugal -flow- 
type engine and was found to be the result of centrifugal separation 
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of the injected liquid and air in the compressor and the attendant 
failure of a large portion of the injected liquid to evaporate in the 
compressor. 

Evidence of this separation of the injected liquid and air is 
obtained from temperature surveys at the compressor outlet as shown 
in figure 10 in which the compress or -outlet temperature is plotted 
against the radial distance across the compressor- out let annulus for 
various rates of water injection. Without injection, the temperature 
profile was fairly even, whereas for all injected flows the air 
remained relatively uncooled in the region of the blade roots, and 
decreased to a lover temperature only in the region between the center 
of the outlet annulus and the blade tips. The maximum temperature 
difference across the compressor outlet was about 150° F, which 
indicates considerable . centrifugal separation of the injected liquid 
and air. It is therofore likely that water-alcohol injection at the 
compressor inlets of an axial -flow -type engine can be used to best 
advantage only when the engine inlet -air temperature is high enough 
and the, initial relative humidity low enough to provide for evapor- 
ation of the largest part of the injected liquid before compression. 

Interstage Injection with Axial -Flow-Type Engine 

In order to obtain maximum usefulness of water-alcohol injec- 
tion in an axial -flow engine, some means must be found to avoid the 
centrifugal separation of the injected liquids and air in the com- 
pressor. One method of injection that would avoid the centrifugal 
separation would be to inject only enough liquid to saturate the air 
at various stages of the compression process. An experimental inves- 
tigation is now in progress to determine the performance of an axial- 
flow engine with interstage injection of water and alcohol. 

Before the engine testing phase was started, the characteristics 
of many different types of injection nozzle were studied in a chamber 
in which the compressor air-flow conditions were simulated. The 
principal problem of nozzle design and selection was to obtain an 
injection nozzle that, with reasonable injection pressures, would 
( give sufficient' penetration for the injected liquids to reach the 
region of the blade roots. This placing of the injected liquid in 
the region of the blade roots was considered desirable to offset, as 
much as possible, the centrifugal effects of the rotating compressor 
blades. It was found that a jet of high penetration could only be 
obtained with injection nozzles of fairly large diameter, which was 
incompatable with the requirement of a large number of nozzles to 
provide even stagewise and circumferential distribution of the injec- 
ted liquids. 


The type of injection nozzle finally chosen and the general 
arrangement of their installation in the compressor is shown in 
figure 11. The injection nozzles, which are shown in detail in 
the insert, were installed in the end. of ;l/8-inch steel tubes that 
extended approximately halfway across the compressor annulus. These 
extension tubes were necessary to enable the injected liquids to 
reach the region of the blade roots. These' tubes were located 
between the stator blades, near the leading. edge, of the third, 
sixth, and ninth stages, and 20 tubes were installed at each stago . 

In addition. to these 60 interstage tubes arranged at three stages of 
compression, conventional spray nozzles were installed at the com- 
pressor inlet to provide injection for the first three stages of 
compression. ' The presence of these injection tubes caused a decrease 
in normal engine thrust of about 1.-5 percent; this disadvantage 
could, however, conceivably be overcome by incorporating the water 
passages in the' stator blades. 

At the. present time, the investigation of- interstage injec- 
tion is in progress on a 4000 -pound -thrust axial-flow -type engine 
equipped with ;a variable-area exhaust nozzle. The program is not 
yet complete, hut sufficient data have been obtained to illustrate 
the principal features and the usefulness of this system of water- 
alcohol injection. A summary of some of the results is given in 
figure 12, in which the ratio of. ^augmented to normal engine thrust 
at maximum rated engine speed and tail-pipe gas temperatures is 
plotted against the total liquid consumption for the. various water- 
alcohol mixtures used.. Because these data were obtained for inlet - 
air temperatures that varied considerably between runs, all results, 
have been corrected to constant inlet -air temperature of 88° F, 
which was a good average of the temperature of the various runs and 
is the temperature that prevailed for' the compressor-inlet injection 
runs. For all these data the total flow of injected liquids was 
equally divided among the four injection stations.' 

As previously noted for the centrifugal -flow -type engine, the 
thrust augmentation for an axial-flow engine at a given total liquid 
consumption increases slightly as the alcohol content of the injected 
mixtures is increased (fig. 12) . The thrust augmentation also 
increases continuously with increased total liquid consumption and 
reaches a value of about 1.2,4 for a. total ■ liquid consumption of 6 
to 7 pounds per second. This amount of thrust augmentation is in 
close agreement with the .performance . obtained wit.h the centrifugal- 
flow engine previously discussed, which indicates satisfactory 
mixing of the air and the liquids throughout the compression process. 
To date no compress or -blade rubbing. or other' harmful effects have 
occurred such as were experienced with compressor-inlet injection 
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at high injection rates. For comparison, the performance obtained by 
injection at the compressor inlet is reproduced in figure 12 as the 
lower dashed line. Although the thrust augmentation of the inlet - 
injection system appears .higher than that of interstage injection for 
low injection rates, the difference is largely the result of a 
shifting of the curve for inlet injection to the left because of a 
lower unaugmented liquid consumption, or normal engine fuel flow, 
for the inlet -injection engine. Therefore, for total liquid con- 
sumptions from normal to about 3 pounds per second, the performance 
with inlet injection is about the same as with interstage injection, 
whereas for higher rates of liquid consumption the interstage injec- 
tion system gives higher thrust augmentations . 

The results of theoretical calculations of thrust augmentation, 
based on the same compressor efficiency and slip factor for both 
normal and augmented operation, is shown by the upper dashed line 
in figure 12 : Although the maximum calculated thrust augmentation 

is only slightly greater than -chat obtained experimentally, the theo- 
retical liquid consumptions are only about half as great as actually 
required. At a total liquid consumption of 4 pounds per second, the 
theoretical augmented thrust ratio is 8 percent greater than the 
experimental, which illustrates the degree of departure of the actual 
vaporization process from the idealized one and possibly changes in 
compressor performance caused by the water injection. 

Some typical temperature surveys at the . compressor outlet are 
shown in figure .13, where the compressor-outlet temperature is plotted 
against the radial distance across the compress or -out let annulus. 

The solid linos represent the normal engine performance without injec- 
tion and with interstage injection at two flow rates. It is apparent 
that the air was evenly cooled by the evaporation of the injected 
liquids with, in fact, an even flatter temperature distribution 
with injection than for. normal operation. The typical temperature 
distribution obtained with compress or -inlet injection (fig. 10) is 
also included for comparison. In addition to the runs with the 
extended interstage nozzles, a set of runs was conducted with the 
interstage injection nozzles flush with the outer wall of the com- 
pressor casing. The use of injection nozzles at this location 
would be obviously desirable in order to avoid the 1.5 percent 
decrease in unaugmented engine performance. The thrust was con- 
siderably reduced for these runs, however, and the compressor-outlet 
temperature distribution was similar to that -obtained with inlet 
injection, as shown by the upper dashed line in figure 12 , This 
type of temperature distribution, together with reduced thrust 
augmentation, has also been obtained in several recent tests with 
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the extended nozzles when the injection pressure was below 
200 pounds per square inch. The necessity of placing the injected 
liquids in the region of the blade roots for this type of installation 
is therefore evident. 


Combustion-Chamber injection with Axial -Flow -Type Engine 


The application of interstage injection to an axial-flow engine, 
while providing satisfactory augmentation performance, has the 
disadvantage of complexity of installation, at least for engines 
already in the production stage. Accordingly, an experimental inves- 
tigation of injection into the combustion chamber has been conducted 
in an effort to obtain reasonable thrust increase' with a system that 
retains, the advantage of simplicity of installation, - 


The injection of water into the combustion chambers of a turbojet 
engine tends to decrease' the air flow through the turbine nozzles 
because the total mass flow cannot increase unless the turbine -inlet 
pressure is increased. A reduction in the engine air flow, however, 
shifts the compressor operating point to, a higher pressure ratio 
which, in turn, permits an increase in the mass flow through the 
engine. A new equilibrium operating' point of the engine, having a 
lower compressor air flow, a higher compressor pressure ratio, and a 
higher total mass flow, is obtained. The thrust augmentation pro- 
duced, therefore, depends on the' operating- characteristics of the 
compressor and is a result of both the increased mass flow and higher 
jet velocity .provided .by the increased pressure’ ratio.- In addition 
to these effects, the increased gas constant and specific heat of 
the water-aih mixture also contribute , to a smaller degree, to an 
increase in the turbine -outlet pressure and hence in the jet velocity. 


This investigation of thrust augmentation by ’combustion -chamber 
injection was conducted with a 4000 -pound -thrust axial-flow -type 
engine /equipped with a variable -area exhaust nozzle and operated at 
maximum rated rotor speed and tail-pipe gas temperature . On the 
basis of results obtained from preliminary investigations conducted 
on a single combustion chamber, the liquids were introduced at approx- 
imately the midpoint of the combustion chamber as shown in the upper 
part of figure 14. Separate nozzles were used for the water and 
alcohol injection, and were installed through holes in the inner liner 
to spray into the primary, combustion zone. Four different injection 
systems were used and the principal characteristics of' each system 
are summarized, in .the table of figure 14, These four injection systems, 
which, are .designated/ as. systems A, 55, C, 1 and D, differed in the type 
of spray (for example, hollow -cone or solid-jet), the number of nozzles 
per combustion chamber, and the 3ize of the nozzle orifice. 
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In the lover part of figure 14 is plotted the ratio of aug- 
mented to normal engine thrust over a range of total liquid consump- 
tions for all the- injection systems and for various combinations of 
water and alcohol injection. All the data obtained for combustion- 
chamber injection fall on a single line indicating that, at least 
for the range of this investigation, the engine performance is not 
affected by the penetration of the type of the spray used or the 
mixture of water-alcohol injected. The temperature distributions 
at the turbine outlet for all the data were also generally similar 
to that for increased engine operation,- The augmented thrust 
ratio increases almost linearly with increased total liquid con- 
sumption and reaches a value of about 1-18 for a total liquid con- 
sumption of. 6 C 2 5 pounds per second. The performance with interstage 
injection and compressor-inlet injection is shown by the two dashed 
lines for comparison. The augmentation provided by combustion- 
chamber injection with this engine is only about three -fourths of that 
provided by interstage injection throughout the range of injected 
flows and is slightly higher than that obtained by inlet injection 
at the highest total liquid consumption. 

The effect of combustion-chamber injection rate on the compressor 
pressure ratio; the total gas flow rate, and the compressor air flow 
is shown in figure 15. Because of the steep characteristics of the 
compressor of the engine used, the increase in pressure ratio with 
increased combustion-chamber injection was accompanied by only a 
slight decrease in the air flow. With the injection of about 
5 pounds per second of water and alcohol into the combustion chambers, 
the pressure ratio was increased from a normal value of about 3.75 
to nearly. 4.1, which resulted in a linear, increase in the total gas 
flow from. 72 pounds per second to about 77 pounds per second. An 
analysis of. this augmentation cycle, using the measured compressor 
pressure ratio and air flow and constant values of compressor and 
turbine efficiency, showed that about 40 percent of the augmentation 
produced is due to the increased mass flow rate, slightly over 
40 percent due : ;to the increased jet velocity arising from the higher 
compressor pressure ratio, and the remaining 15 to 20 percent due to 
the change in thermodynamic properties of the turbine and exhaust - 
nozzle working fluids. 

SUMMARY OF RESULTS 

The results of the experimental investigations of thrust aug- 
mentation by water-alcohol injection, all of which were conducted 
at zero-ram;- sea-le.vel-pressure conditions, show that for the 
centrifugal-flow-type turbojet engine, the injection of water-alcohol 
mixtures at the compressor inlets provides a simple and satisfactory 
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form of thrust augmentation. For normal inlet-air temperatures, 
augmented thrust ratios of the order of 1.26 are possible for total 
liquid consumptions of about 7 pounds per second for a 4000 -pound- 
thrust engine. At high inlet -air temperatures, the thrust augmen- 
tation produced increases considerably. 

For an axial -flow -type engine, the injection of water at the 
compressor inlets was satisfactory only for low injection rates, 
producing thrust augmentation ratios of less than 1.15, because of 
centrifugal separation of the injected liquid and air by the rotating 
compressor blades. By the use of interstage injection, however, this 
centrifugal sepax-ation was avoided provided the injected liquid was 
placed in the region of the blade roots . The augmented thrust ratio 
produced by this method was very nearly the same as provided by 
compressor-inlet injection in a centrifugal -flow engine, being for a 
4000-pound-thrust engine about 1.24 for a total liquid consumption 
of about 6 to 7 pounds per- second. With combustion-chamber injection 
in the axial-flow engine, the thrust augmentation produced was only 
about three -fourths of that obtained with interstage injection but 
this system has the advantage of greater mechanical simplicity. 
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Figure 1. - Schematic diagram of turbojet engine equipped 
for water-alcohol injection at the compressor inlets. 



Figure 2. - Variation of ratio of augmented to normal engine thrust 
with total liquid consumption for various water -alcohol mixtures. 
Injection at compressor inlets of centrifugal -flow-type engine 
with fixed-area exhaust nozzle. 
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Figure 3. - Variation of compressor pressure ratio, air flow, and 
total gas flow with injected liquid flow for various mixtures 
of water and alcohol. Injection at compressor inlets of 
centrifugal-flow -type engine with fixed-area exhaust nozzle. 
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Figure 4. - Variation of normal engine fuel flow 
with Injected liquid flow for various mixtures 
of water and alcohol. Injection at compressor 
inlets of centrifugal-flow-type engine with 
fixed-area exhaust nozzle. 


1041F 


l 


THRUST, LB 


4000 h 


o 


3600 

3200 

2800 

2400 

2000 

50 



100 150 200 


COMPRESSOR -INLET TEMPERATURE, °F 

Figure 5, - Variation of engine • thru? t with compressor- inlet air 
temperature for various rates of total liquid consumption. 
Injection at compressor inlets of centrifugal- flow-type engine 
with fixed-area exhaust nozzle. 
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Figure 6. - Variation of ratio of augmented to normal engine thrust 
with compressor-inlet air temperature for various rates of 
total liquid consumption. Injection at compressor inlets of 
centrifugal- flow-type engine with fixed- area exhaust nozzle. 




Figure 7. - Variation of thrust with compressor-inlet air 
temperature for various rates of total liquid consumption. 
Injection at compressor inlets of centrifugal-flow-type 
engine with variable-area exhaust nozzle. 


TOTAL LIQUID 
CONSUMPTION 



Figure 8. - Variation of ratio of augmented to normal engine 
thrust with compressor-inlet air temperature for various rates 
of total liquid consumption. Injection at compressor inlets 
of centrifugal-flow-tyoe engine with variable-area exhaust 
nozzle. 
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Figure 9. - Variation of ratio of augmented to normal engine 
thrust with total liquid consumption. Injection at comoressor 
inlet of axial-flow-type engine with variable-area exhaust 
nozzle. 
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Figure 10. - Compressor-outlet temperature surveys for various 
rates of water injection at comoressor inlet of axial-flow- 
type engine with variable-area exhaust nozzle. 
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Figure 11. - Diagrammatic sketch of installation of interstage 
injection nozzles in axial-flow compressor. 
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Figure 12. - Variation of ratio of augmented to normal engine 
thrust with total liquid consumption for various water-alcohol 
mixtures. Interstage injection in axial-flow-type engine with 
variable-area exhaust nozzle. 
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Figure 13. - Compressor-outlet temperature surveys for interstage 
injection in axial-f low-tyoe engine with variable-area exhaust 
nozzle. 
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Figure 14. - Variation of ratio of augmented to normal engine 
thrust with total liquid consumption for combustion-chamber 
injection. Axial-flow-type engine with can-type combustion 
chambers and variable-area exhaust nozzle. 


AIR AND TOTAL GAS FLOW PRESSURE RATIO 
LB/SEC 



0 1 2 3 4 5 6 

INJECTED LIQUID FLOW, LB/SEC 


Figure 15*. - Variation of compressor pressure ratio, air flow, 
and total gas flow with injected liquid flow for combustion- 
chamber injection. Axial-flow- type engine with can-type 
combustion chambers and variable-area exhaust nozzle. 
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INVESTIGATION OF ' BLEEDOFF METHOD OF THRUST AUGMENTATION 
By David S. Gabriel and William L. Jones' 

Lewis Flight Propulsion Laboratory 


INTRODUCTION., 

.Among the several methods of thrust augmentation. of turbojet 
engines considered in this series of papers, the method that pro- 
vides the greatest take-off thrust increase is the air bleedoff 
cycle. The permissible turbine- inlet temperature of present 
turbojet engines limits the amount of fuel that may be. burned in 
the engine combustion chambers. As a result of this temperature 
limit, the gases passing through the turbine contain a large quan- 
tity of dilution air or unburned oxygen. The air bleedoff cycle 
takes advantage of this excess. air by removing it before it passes 
through the turbine and by using this high-pressure air supply, 
after burning it in a combustion chamber, for an auxiliary jet. 

The air that is removed frcm the normal engine is replaced with 
water which vaporizes . in the., engine, combustion chamber and passes 
through the turbine as steam. It is,, of course, necessary to 
increase the fuel flow to the combustion chamber to vaporize this 
water. Water ,is used for the replacement fluid primarily because 
of the low pumping work required. Thus in essence the dilution 
air is replaced with steam without greatly altering the perform- 
ance of the engine and at the same, time a high-pressure air supply 
for an auxiliary jet is made available. Compressor- inlet injection 
is incorporated to take advantage of the additional augmentation 
that is obtained by the increased compressor-outlet pressures and 
mass flow. . 


RESULTS AND DISCUSSION 

Figure 1 schematically illustrates a turbojet engine equipped 
for air bleedoff. • The air-bleedoff engine consists of two main 
components, the ordinary turbojet engine and the auxiliary com- 
bustion chamber, which are hereinafter- referred to as the primary 
and secondary engines, respectively. The primary engine is pro- 
vided with water- and alcohol- injection nozzles at the compressor 
inlets. A. manifold is installed at the inlet of the primary- engine 
combustion chambers through which compressor-outlet air may be bled 
to the secondary-engine combustion chamber. Water- injection nozzles 
are installed in the primary combustion chamber through which water 
may be injected into the primary combustion zone to replace the 
bleedoff air. 
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The bleedoff air is burned at fuel- air ratios up to stoichio- 
metric in the secondary- engine combustion chamber and is ejected 
through a nozzle. A shutof'f valve is installed at the secondary- 
combustion- chamber inlet. The shutoff valve was necessary to 
return the engine to normal operating condition but was always in 
the wide-open position during bleedoff operation. 

The original work on air bleedoff, whiph was reported in 
reference. 1, consisted of a brief investigation on a J31 engine, 
the results of which are summarized . in figure 2 . The results were 
obtained at ,sea-level, 'zero flight Mach number conditions. The 
ratio of augmented thrust to normal thrust is plotted against the 
ratio of total liquid: flow to normal-engine fuel flow. The total 
liquid flow includes fuel flow to both the primary and secondary 
engines and all injected water and alcohol flows . The experi- 
mental results are shown by the circles and the line is the result 
of a cycle analysis in which component efficiencies typical of 
present engines were used. A maximum thrust ratio of 1.65 was 
obtained experimentally at a liquid flow ratio of about 11.8. 

This result is about 10 percent lower than the thrust increase 
predicted by the analysis. 

Because of the promising results shown in the preliminary 
runs, a more complete; investigation was conducted on a J33 engine 
in which an effort was made to establish the. effects of some of 
the operating variables on engine performance. The runs were all 
made at sea-level,- zero flight Mach number conditions. The cor- 
rected engine speed was. nearly constant at 11,600 rpm and the data 
were adjusted .to a. constant speed of 11,600 rpm (military rated 
speed, 11,500 rpm) . The primary- engine nozzle diameter was con- 
stant at 19.5 inches and the -tail-pipe temperature was held as 
close as possible to 1225 p F by regulation of . the amount of water 
injected into the primary combustion chambers. After a study of 
water- and alcohol- injection results at the compressor inlet of 
a J33 engine, the . inlet-injection rates of water and alcohol were 
fixed at 2,0 and. 2.2 pounds per second, respectively, corresponding 
to the .condition that produced the best combination of thrust aug- 
mentation and liquid consumption , 

The water flow to the primary combustion chambers varied 
from 0 to 9 pounds per second corresponding to a range of bleedoff 
gas flows from 0 to 24 pounds per second. The bleedoff flow varied 
with the secondary- engine nozzle diameter and secondary-combustion- 
chamber fuel-air ratio. The secondary-engine nozzle diameter was 
varied from 4.5 to.. 7.0 inches arid the fuel-air ratio in the second- 
ary combustion^ chamber was varied from 0.03 to 0.08. 



Because the primary-engine tail-pipe temperature was fixed, 
the amount of water injected into the primai-y combustion chambers 
was a function of the bleedoff flow. Figure 3 shows the variation 
of water flow to the primary combustion chambers with bleedoff gas 
flow. There is a linear relation between these variables but only 
about 0,37 pound of water is required to replace each pound of 
bleedoff gas flow and to maintain the constant tail-pipe tempera- 
ture. With a bleedoff flow of 24 pounds per second, about 9 pounds 
per second of water must be injected. 

In order to vaporize and superheat the injected water, addi- 
tional fuel must be burned in the primary combustion chamber. A 
part of this fuel is supplied by the alcohol injected into the 
compressor inlet but additional kerosene must be supplied through 
the primary- combustion- chamber fuel nozzles. Figure 4 shows the 
relation of fuel flow into the primary combustion chambers to the 
bleedoff gas flow. The fuel flow does not include the alcohol flow 
injected at the compressor inlet. The fuel flow increases from 
about 0.8 pound per second to 2.25 pounds per second as the bleedoff 
flow increases from 0 to 24 pounds per second. 

Further increases in bleedoff flow above the maximum of 
24 pounds per second shown on the curve resulted in combustion 
failure in the primary combustion chambers. At this bleedoff flow, 
the over-all fuel-air ratio in the primary combustion chambers, 
including the alcohol,- was. about 0.045, Although this over-all 
fuel-air ratio is considerably below over-all stoichiometric fuel- 
air ratio, the fuel-air ratio in the primary burning zone was of 
course, much richer and the combustion failure was probably the 
result of rich blow-out. Further increases in bleedoff flow, 
therefore will depend on design changes in the primary combustion 
chambers . 

Figure 5 shows the individual liquid flows to the primary 
engine as a function of bleedoff flow. As bleedoff flow is 
increased, water flow to the primary combustion chamber increases, 
fuel flow to the primary combustion chamber increases and the 
water and alcohol flow to the compressor inlet is constant. The 
net result is an increase in total liquid flow as shown by the top 
curve. The total liquid flow to the primary engine increases from 
5 to 15 pounds per second as the bleedoff flow increases from 0 to 
24 pounds per second. Because the increase in total liquid flow 
to the primary engine is less than the increase in bleedoff flow, 
the net result is a decrease in total flow through the turbine 
and primary jet and consequently a reduction in augmented primary- 
engine thrust shown by the curve at the top of the figure. The 
ratio of augmented primary- engine thrust to normal-engine thrust 



decreases from about 1.26 for the engine with inlet injection but 
no bleedoff t'o about 12 for bleedoff flow of 24 pounds per second. 

The performance- of the secondary engine may be analyzed' in 
two parts, the thrust and the air flow. In order to provide a 
better understanding of the effects of the operating variables on 
performance, -the air flow and thrust have been plotted in the fofm 
of parameters derived from the fundamental flow equations. Because 
the combustion- chamber- inlet pressure was sufficiently close to the 
combustion- chamber-outlet pressure, it- was considered reasonable to 
use the inlet pressure, in the (correlation. It is a well known 
relation that for a convergent' nozzle operating at greater 1 than ■ ' 
critical pressure ratio the. mass flow is equal to a constant times 
the product' of the nozzle area arid inlet pressure divided by the 
square root of the inlet temperature . 


ATS 


M b - K 1 - 1 = 
/Tb 


( 1 ) 


mass flow of gas through secondary engine 
Kq . constant 

A area of nozzle outlet 


Pq pressure at secondary-combustion-chamber outlet or nozzle 
inlet • 

Tq temperature at secondary- combustion- chamber outlet or nozzle 
inlet 

When equation' (l) is divided through by PqA, 

“b K 1 


( 2 ) 


When 1 / V // Tq is replaced by a function of the fuel-air ratio 


P b A 


= %, F(f/A) 


(3) 


This factor is also a function of compressor- outlet temperature 
which was eliminated from consideration because it is constant for 
this investigation. 
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The factor M^/ (P^A) is plotted against fuel-air ratio in 

figure 6. The mass flow ratio ■ decreases rapidly from a fuel-air 
ratio of 0.03 to a fuel-air ratio of 0.05 and then "becomes nearly 
constant with further increase in fuel-air ratio. A curve derived 
from fluid-flow theory has been plotted in the figure as a dashed 
line. For this calculation a combustion efficiency of 100 percent 
and a flow coefficient of 1 was assumed. A greater mass flow was 
obtained experimentally for a given fuel-air ratio than the theo- 
retical curve predicts because of the lower combustion- chamber 
temperatures due to the combustion inefficiency; lower nozzle- 
inlet temperatures, of course, permit the passage of a larger mass 
flow of gas through a given-size nozzle. The bleedoff flow can be 
found from this correlation curve for any bleedoff pressure, nozzle 
area, and secondary fuel-air ratio. 

The following additional symbols are used in the analysis of 
the secondary- engine thrust: P b ' the nozzle-outlet pressure, 

Pq the ambient pressure, and F b the thrust. 

The thrust of a convergent nozzle operating at supercritical 
pressure ratio may be expressed as the product of the mass flow 
and the critical jet velocity plus the difference between nozzle- 
outlet pressure and ambient pressure times the nozzle area. 

■F b = M b V t + (P b ' - ? 0 )A (4) 

Dividing through by P^’A and rearranging yields 


TP 


V A + p b 


0 


M b v b 

P b 'A 


+ 1 


(5) 


For a convergent nozzle operating at supercritical pressure ratio, 
■the nozzle-inlet pressure is equal, to a constant times the outlet 
pressure 


K 2 P b ' ~ P b 


where Kg is a constant. Replacing P b 


with 


— yields 
K 2 


( 6 ) 




where 


is the critical velocity at. the nozzle throat; therefore 
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( 8 ) 


Consequently 



= constant 


( 9 ) 


The values of the parameter of equation (9) as calculated from the 
experimental data are plotted against secondary-engine nozzle area 
in figure 7. The thrust factor is constant at a value of 1.1 for 
secondary nozzle sizes from 4.5 to 7.0 inches. With the constant 
value of this factor, the thrust of the secondary engine may he 
calculated for any value of inlet pressure and nozzle area. 

The dashed lines at the bottom of figure 8 are the ratio of 
secondary-engine thrust to normal-engine thrust calculated from the 
correlation curves shown in figures 6 and 7. These curves are 
plotted against bleedoff flow for values of secondary- engine fuel- 
air ratio of 0.03, 0.045, and 0.08. The experimental data are shown 
by the symbols. The secondary nozzle diameter for these experi- 
mental points varied from 4.5 to 7.0 inches. 

The calculations from the correlation cxirves resulted in 
separate lines for different fuel-air ratios and the test data 
fall upon those lines (fig. 8). If the analysis had not been 
made, a single curve probably would have been drawn through the 
test data and would have obscixred the effect of fuel-air ratio. 


Also plotted in figure 8 is the ratio of primary- engine thrust 
to normal-engine thrust previously presented in figure 5. The 
thrust of the primary and secondary engines combine to produce a 
maximum total augmented thrust ratio of about 1.7 shown by the 
data points at the top of the figure. Here again the data points 
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represent the experimental data and the lines are, calculated from 
the curve's of experimental primary- engine thrust and calculated 
secondary-engine thrust shown at the bottom of figure 8. Without 
bleedoff, a thrust ratio of 1.26 is obtained because of inlet 
injection. With maximum bleedoff a secondary-engine-thrust ratio 
of 1.54 is obtained but the primary-engine -thrust ratio is reduced 
to 1.16, as previously discussed, resulting in a net thrust ratio 
of about 1.7 for the bieedoff engine. 

In figure 9 the thrust ratio' of the bleedoff engine is 
replotted against the ratio of total liquid flow to normal-engine 
fuel flow. Lines calculated from the correlation curves are 
drawn for fuel-air ratios of 0.03, 0.045, and 0.08. Points are 
plotted from the measured thrust data for fuel-air ratios of 0.03, 
0.045, and 0.08. The experimental results ’agree within 4 percent 
with the values calculated from the correlation. For a given 
thrust ratio it is desirable to operate near stoichiometric fuel- 
air ratio to give the minimum liquid flow ratio and bleedoff flow, 
although there is little 'difference between operation at fuel-air 
ratios of 0.045 and 0.08. Operation at low bleedoff flows is 
desirable because of better performance of the primary combustion 
chambers. Operation at the secondary-engine fuel-air ratio of 
0.03 in the higher range of the curves with the same secondary- 
nozzle size as in the low range would probably be impossible 
because, of the high bleedoff flows that would be required. 

The dashed line on figure 9 is calculated from the correlation 
curve for 100 percent combustion efficiency and stoichiometric mix- 
ture in the secondary combustion chamber. For equal thrust ratios, 
the theoretical curve gives 10 percent less liquid flow than the 
experimental results. The maximum thrust ratio obtained experi- 
mentally was about 1.7 at a liquid flow ratio of 12.9. If this 
thrust ratio is applied to a normal 4000-pound- thrust engine, the 
augmented take-off thrust would be 6800 pounds with a liquid con- 
sumption of about 16.1 pounds per second. 

Further increases in thrust augmentation by air bleedoff may 
be obtained by continued improvement in the secondary combustion- 
chamber efficiency and by development of a primary- engine combustion 
chamber that will permit operation at higher bleedoff flows. For 
most production engines, higher fuel-air ratios In the primary com- 
bustion chamber than those shown will require increased fuel- 
handling capacity for the fuel system. 

Particular attention must be paid in the design of the bleed- 
off system and the water- injection system for the primary combustion 
chamber in order to minimize changes in the turbine- inlet tempera- 
ture gradients. The adverse effects of bleedoff and 
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combustion- chamber injection on the turbine -out let temperature 
gradient are shown in figure 10. in which representative radial tem- 
perature distributions across the turbine-outlet annulus are 
plotted for normal operation and for bleedoff operation with 
11 pounds per. second of bleedoff flow and 4 pounds per second, of 
water flow to the primary combustion chambers. The radial tem- 
perature gradient is about 200° F in normal operation with the 
lowest temperatures occurring at the roots but it increases with 
bleedoff operation to 500° F with the highest temperatures occur- 
ring at the blade roots. These distributions are representative 
of the gradients with the latest injection and bleedoff configura- 
tions ancL are a considerable improvement over the earlier designs. 


SUMMARY 


A thrust ratio of 1.7 was obtained at the condition of sea- 
level take-off- in an experimental investigation on a turbojet 
engine with a bleedoff augmentation system incorporating liquid 
injection into the compressor inlet. This performance was obtained 
at the expense of high liquid consumption. 
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Figure 1. - Schematic diagram of bleedoff engine. 
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Figure 6. - Air-flow factor for secondary engine as function 
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function of fuel-air ratio. 
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Figure 9, - Variation of ratio of augmented to normal thrust 
with ratio of total augmented liquid flow to normal-engine 
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COMPARISON OF VARIOUS METHODS OF THRUST AUGMENTATION 
By Eldon W. Hall . 

Lewis Flight Propulsion Laboratory 


INTRODUCTION 

The previous papers covered both theoretical and experimental 
results on the performance of various thrust -augmentation methods . 
Computations;, guided by the experimental results, are used to com- 
pare the relative efficiency, additional weight, and applicability 
of each thrust -augmentation method over a 'range of flight condi- 
tions.. The methods considered are tai] -pipe burning, watei' injec- 
tion at the compressor inlet, a combination of tail-pipe burning 
plus water injection, and bleedoff with water injection* The tail- 
pipe-burning plus water-injection method, although not previously 
discussed, is also considered to be of interest and is included to 
show what might be expected of this method. Because rocket -assist 
units have been used to a large extent in assisting the take-off of 
conventional aircraft, their performance is compared with that of 
the other method.s on the basis of liquid consumption, A more com- 
plete description of the systems, methods of analysis, and results 
are presented in refei-ence 1, 


THRUST -AUGMENTATION ANALYSIS 

The comparison of augmentation methods was made for altitudes 
of sea level and 35,000 feet and for flight Mach numbers of 0, 0,85, 
1.50, and 2,50, The thrust augmentation of the engine was determined 
from step-by-step calculations of the performance of both the normal 
and the augmented engine. The efficiencies chosen were polytropic 
and are for the compressor, 0.80; for the turbine, 0,85; for the 
exhaust nozzle, 0,95; and for the inlet diffuser, 1,00, 0.85, 0.80, 
and 0,70 for flight Mach numbers of 0, 0.85, 1.50, and 2,50, respec- 
tively, The primary combustion-chamber total-pressure loss was 
assumed to be 3 percent of the combust ion-chamber -inlet total pres- 
sure, The drag coefficient of the tail-pipe burner (ratio of total- 

pressure loss to inlet velocity head) was assumed to be 0.5, Two 
fixed engines, -one having a constant compressor work input of 
85 Btu per pound of air and the other having twice the work input 

or 170 Btu per pound of air, were assumed to operate over the entire 

range of altitudes and flight speeds. These values of work input 
give compressor pressure ratios at sea-level static conditions of 
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about 4 and 11 and correspond to one- and two-stage centrifugal com- 
pressors, respectively* The exhaust -nozzle area was assumed to he 
adjusted for all cases to give tail-pipe temperatures of 1650° B for 
the engine with the low-pressure -ratio' Compressor and 1500° E for the 
engine with the high-pressure -ratio compressor. These values give 
turbine -inlet temperatures of about 1960 and 2100° B, respectively* 

With tail-pipe burning, the tail-pipe area was assumed to be 
double the normal tail-pipe area in order to establish a reasonable 
burner-inlet velocity; charts, which account for the effects of 
dissociation, were used to calculate the temperatures for various 
tail-pipe fuel-air ratios . Calculations were made for fuel-air 
ratios up to stoichiometric. 

For the water-injection calculations, the component efficiencies 
were altered to bring agreement between theoretical and experimental 
results by the same methods as previously discussed in the fifth paper 
on the analysis of water injection. For each flight condition, cal- 
culations were made with varying amounts of water injected at the 
compressor inlet to the point where the compressor-outlet air was 
saturated. 

With bleedoff the amount of augmentation for a given liquid 
injection increases rapidly with an increase in the amount of air 
bled off* Bleeding off large quantities, however, increases the 
mass flow of air through the compressor and also the pressure ratio 
across the turbine and nay result in large decreases in the effi- 
ciencies of these components. It was found from theoretical con- 
siderations that by maintaining the area of the primary-engine exhaust 
nozzle the same as for normal engine operation at sea-level static 
conditions the change in the operating conditions of these components 
was very small (less than the change with only water injection at the 
compressor inlet. For each flight condition, bleedoff was considered 
for the case where just sufficient water was injected at the com- 
pressor inlet to saturate the air at the compressor outlet*. .In all 
cases, the turbine -outlet temperature was maintained at the assumed 
value by adjusting the amount of air bled off for each amount of water 
injected in the combustion chamber. The. ratios of water flow injected 
in the primary combustion chamber to bleedoff flow were calculated 
theoretically. The values obtained gave lower values of the bleedoff 
flow for a given liquid flow than were obtained experimentally. The 
bleedoff or auxiliary burner was assumed to operate with a stoichio- 
metric fuel-air ratio in all cases. 

The rockets were assumed to have a specific impulse of 190 pounds - 
seconds per pound for all. conditions of altitude and flight speed. 



Based upon these assumptions, the values of augmentation to be 
presented are somewhat higher than the. values obtained experimentally 
at the present time from the various methods . The relative values 
of the maximums are, however, believed to be indicative of. what may 
be expected in actual practice. 


RESULTS AND DISCUSSION 
Thrust Augmentation 

On the basis of the given assumptions and methods of analysis, 
figure 1 shows a comparison of the thrust -augmentation methods. 

The ratio of augmented thrust to normal thrust is plotted' against 
the ratio of total liquid consumption of the augmented engine to fuel 
consumption of the normal engine. The results are for the engine 
with the low-pressure -ratio compressor.. Because the engine was 
assumed to operate at a constant rotor speed, the compressor pres- 
sure ratio changes with change in flight conditions and with the 
injection of water. The range of. pressure ratios obtained with 
the low-pressure -ratio compressor (fig. 1(a)) is from 4.3 to 5.0 at 
sea -level static conditions. The pressure ratio of 4.3 is obtained 
with the normal engine and the pressure ratio of 5.0 is obtained 
with water injection. 

With water injection, a thrust ratio of 1.32 can be obtained 
at a liquid ratio of 5,0 when injecting sufficient water to saturate 
the air at the compressor outlet . The condition for which Just 
sufficient water is injected to saturate the air at the compressor 
inlet is represented by the lowest cross (fig. 1(a)). The most 
economical method is. tail-pipe burning, which can provide a maximum 
thrust ratio' of 1.55 at a. liquid ratio of 4.0- this thrust ratio is 
comparable to 1.32 with, water injection at this liquid ratio. The circle 
(on the tail-pipe -burning curve fig, 1(a)) represents a stoichiometric 
fuel-air ratio and is the maximum thrust ratio that can be obtained 
with tail-pipe burning. Large increases in thrust can be obtained 
by adding water injection to the tail-pipe -burning method when the 
over-all fuel-air ratio remains at- stoichiometric. A thrust ratio 
of 2.05 at a liquid ratio of 8.0 can be obtained by this method 
when saturating the air at the compressor outlet. The cross on the 
water -inject ion curve (fig, 1(a)) represents the condition for which 
just sufficient water is injected to saturate the air at the com- 
pressor inlet. 

Bleedoff is less efficient than tail-pipe burning or the com- 
bination' of tail-pipe burning and water injection, inasmuch as a 
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higher liquid ratio is required for the same thrust ratio. A higher 
ratio is possible, however, with bleedoff. For example, a thrust 
ratio of 2, .60 can be obtained with bleedoff as compared to a maximum 
of 2. 05. for the combination of tail -pipe burning and water injection. 
Higher values of the thrust ratio are not possible with bleedoff 
because stoichiometric fuel-air ratio was reached in the primary com- 
bustion chamber. If the amount of water injected at the compressor 
inlet is limited to that amount required to saturate the air at the 
compressor inlet instead of the outlet, the maximum thrust ratio of 
2.20 is represented by the cross below the curve for bleedoff 
(fig. 1(a)). 

The. rocket -assist method is the least efficient, inasmuch as it 
requires the highest liquid ratio for a given thrust ratio... The 
rocket -assist method, however, has no theoretical limit. .The specific 
Impulse of 190- assumed for the rockets is an average value for current 
rockets. Values as high as 220 are obtained on' some commercially 
available units and values of 350 can be obtained theoretically with 
liquid oxygen and hydrogen. The specific fuel consumption is Inversely 
proportional to the specific impulse. For a thrust ratio of 2.05, 
which can be obtained by the combination of tail-pipe burning and water 
injection, . the . bleedoff and rocket -assist methods require from 2 to, 

2,5 times the .liquid -ratio. . 

The results for the same conditions, except at .a flight Mach 
number of. 0.85, are shown in figure 1(b) . The compressor pressure 
ratio was reduced' to, 3.7 at a flight Mach number of 0.85 as compared 
to 4,3 at a .flight Mach number of 0 because of the higher air tem- 
perature at the compressor- inlet-. The curves obtained are similar 
to those for a flight Mach: number of' zero except that greater values 
of the thrust ratio are obtained for the same values of the liquid 
ratio. For example, at a. liquid' ratio of 8.0, a thrust ratio, of 2.90 
can be obtained- with the combination of tail-pipe burning plus water' 
injection as compared to 2 .05 at' a flight Mach number of zero. Water 
injection with saturation at the' compressor inlet is' more effective, 
because of. the higher compressor-inlet temperature at the higher 
flight Mach number. A maximum thrust ratio of 3.70 at a liquid ratio 
of 31.5 can be obtained with bleedoff. 

In order to show the comparison of the various methods at, -high 
altitudes, figure- 1(c) presents the results for an altitude of 
35,000 feet. The flight Mach- number 'for this case is 0.85, The 
trends are similar to those for sea level. Both the maximum thrust 
ratio and the thrust ratio for a given liquid ratio are, however., 
less for each method, .A maximum thrust ratio of 1.32 can be obtained- 
with water injection, at a liquid ratio of 4.5. Water injection with 
only sufficient water to saturate the air at the compressor inlet is 
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much less effective at the higher altitudes "because of the lower 
inlet -air temperature. With tail -pipe burning, the maximum thrust 
ratio is 1.92 at a liquid ratio of- 3,5/ Adding' water injection to 
tail-pipe burning increases the maximum thrust ratio to 2.36 at a 
liquid ratio of 7.0. Bleedoff can provide a maximum thrust ratio 
of 2.88 at a liquid ratio of 26,0. 

The results for a flight Mach number of 2.5G at 35,000 feet 
are given in figure 1(d). With an increase in flight Mach number 
from 0.85 to 2,50, the maximum thrust augmentation obtained from 
each method is increased about five times. The effectiveness of water 
injection is more rapidly increased than the effectiveness of the 
other methods , by an increase in flight Mach number. Saturating the 
air at the compressor inlet gives a thrust- ratio of 2 .4 with water 
injection at a liquid ratio of 9,6, : The maximum thrust ratio obtained 
wdth water injection is 3.5 at a liquid ratio of 18,6. With tail- 
pipe burning, the maximum thrust ratio is 5.5 at a liquid ratio of 6.0. 
Adding water injection to tail-pipe burning until the compressor- 
"inlet air is saturated results in a thrust ratio of 8.2 at a liquid 
ratio of 15,0 and increasing the water-injection rate results in a 
maximum thrust ratio of 9.3 at a liquid ratio of 22. The maximum 
thrust ratio with bleedoff is 10.4 at a liquid ratio of 58. It should 
be noted that the "high thrust ratios at a flight Mach number of 2.50 
are primarily due to the low thrust of the normal engine , The high 
liquid ratios for the methods involving the injection of water are 
due to the large quantities of water that can be evaporated at the 
high Mach numbers because of the high inlet -air temperature. 

The effect of altitude on the maximum thrust ratio is more clearly 
shown in figure 2 . The maximum thrust ratio of each method is plotted 
against altitude for a flight Mach number of 0,85. All methods show 
a moderate decrease in maximum thrust ratio as the altitude is increased 
to 35,000 feet. Because of the constant air temperature above the 
tropopause (approximately 35,000 feet), the augmentation remains about con- 
stant. The maximum thrust ratio with water injection decreases from 
1,59 to 1.32 as the altitude is increased for sea level to 35,000 feet. 
Tail-pipe burning is affected to a smaller extent by altitude than 
any of the other methods; the maximum thrust ratio decreases from 
'2.12 to 1.92. The combination tail -pipe burning plus water injection 
decreases from 2,90 to 2,36 and bleedoff decreases from 3.70 to 2.88 
as the altitude increases from sea level to 35, 000 feet . 



In order to show the effect of flight Mach number on the augmen- 
tation more clearly, the maximum thrust ratio of each method is 
plotted against flight Mach number in figure 3 for an altitude of 
35,000 feet. The flight Mach number ranges from 0,85 to 2.50. All 
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methods show an increase in the maximum thrust ratio as the flight 
Mach number is increased;' although, as shown in figure 1, the increased 
thrust ratios are obtained at the' expense of large, increases in the 
liquid ratios.' Increasing the flight Mach number .from 0.85 to 2.50 
increases the thrust ratio with bleedoff from 2. 88. to 10.4 and with 
the combination of tail-pipe burning plus water injection from 2.34 
to 9.3. At a flight Mach number of 2.50, the liquid ratio with 
bleedoff is about ten times that for tail-pipe burning, and with 
tail-pipe burning plus water injection, the liquid ratio is about 
four times that for tail-pipe burning. 

The preceeding results are all for' an engine having the low- 
pressure -ratio compressor . The performance of the high -pres sure - 
ratio-compressor engine is presented in figure 4 along with the 
performance of the low-pressure -ratio-compressor engine for compar- 
ison. The thrust ratio is plotted against the liquid ratio for sea 
level and a flight Mach number of 0.85. For these flight conditions 
the high-pressure -ratio compressor has a normal pressure ratio of 9.9, 
which is increased to 14.3 with water injection. In the range of 
liquid ratios covered by the low-pressure -ratio-compressor engine, 
there is little difference between values of the thrust ratio for a 
given liquid ratio for the low- and high-pressure-ratio-compressor 
engines. Higher values' of the thrust ratios are possible with the 
high-pressure -ratio-compressor engine, but at higher values of the 
liquid ratio. " The greatest increase in thrust ratio is obtained 
with the methods involving water injection. For example, the 
maximum thrust ratio with the combination of tail-pipe burning plus 
water injection increases from 2.90 to 4.36, whereas with tail-pipe 
burning alone the maximum increases from 2.12 to 2.26. The maximum 
thrust ratio with bleedoff increases from 3.70 to 4,98. 


Weight Analysis 

In addition to the weight of the liquid consumed by each method, 
the weight of the - added- equipment required by each method is also 
of importance . Figure 5 shows a comparison of the additional weight 
of equipment required by the thrust -augmentation methods -. The addi- 
tional weight of equipment divided by the additional thrust or the 
specific weight of augmentation equipment is plotted against the 
thrust ratio. The values of the additional thrust and the thrust 
ratio are for sea-level static conditions. The increased weight is 
the weight of equipment only and does not include any additional 
liquids. The equipment weight was estimated from the weight of 
existing experimental equipment by taking into account any modifi- 
cations required for airplane installation. For all the methods, 
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the specific weight decreases as the thrust ratio increases. The 
minimum specific weight is approximately the same for all methods 
(0.05 to 0.07) at the maximum values of thrust ratio. When all the 
methods are considered at a constant thrust ratio, the water- 
injection method entails the least additional weight followed hy the 
tail-pipe turning method. The specific weights of tleedoff and of 
the combination of tail-pipe burning plus water injection are about 
equal and have the highest values. The specific weight of an average 
normal engine is included for reference. It is apparent, however, 
that adding the additional augmentation equipment to an engine is 
equivalent to adding an additional engine having a very low specific 
weight, except for the additional .liquid consumed. 

Both the weight of the liquids consumed and the weight of 
equipment of the various methods have been compared. Neither of these 
comparisons is adequate inasmuch as the weight of the liquids con- 
sumed is a function of the time of operation and the equipment weight 
is fixed. Calculations were therefore made of- the total propulsive 
weight (weight of engine, liquid consumed, and auxiliary equipment) 
for each method. Figure 6 shows the ratio of the total propulsive 
weight of an augmented engine to the total propulsive weight of a 
larger unaugmented or normal engine (both engines producing the same 
thrust) plotted against the thrust ratio of the augmented engine. 

The ratio shown is for 5 minutes of operation of each engine at an 
altitude of 35,000 feet and a flight Mach number of 0.85. The normal 
engine total propulsive weight is 1. Values less than 1 indicate a 
reduction in the weight of the augmented engine, equipment, and 
liquids from that of a normal engine for the same value of thrust. 

For the tail -pipe -burning method the total weight of the augmented 
engine decreases as the thrust ratio increases and reaches a value 
of less than seven-tenths the normal engine total weight. For the 
water-injection and the tail-pipe -burning plus water-injection 
methods, the total weight first decreases to a minimum and then 
increases as the thrust 'ratio increases. With bleedoff for 5 minutes 
of operation the least total weight occurs at the lowest thrust ratio 
and is approximately equal to the total weight of a normal engine. 

For shorter periods of operation with bleedoff, 3 minutes for example, 
the lowest total weight occurs at the maximum thrust ratio and is 
about 0.85 times the normal engine total weight. 


Load -Range Characteristics 

Because, of the high thrusts for a given engine size and weight, 
engines equipped with the thrust-augmentation methods may be desir- 
able for high-speed flight in spite of their high liquid consumption. 
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A study was therefore' made of the performance of the complete air- 
plane for a flight Mach number of 1.50 at which the engine was. 
assumed to be operating in the augmented configuration for the entire 
time of flight. The details of this study and method of analysis 
are similar to those in reference 2 in which various engine types 
are compared in terms of airplane load -range characteristics. 

In figure 7 the airplane disposable load per pound of gross 
weight is plotted against the liquid rate per mile per ton of gross 
weight. This comparison is for an altitude of 35,000 feet and a 
flight Mach number of 1.50.' The performance is calculated for 
level flight only and does not include the take-off and climb 
requirements. The disposable load is equal to the gross weight less 
the weight of the airplane structure' and the engine and may consist 
of liquid weight or liquid and cargo weight. A wing lift -drag ratio 
of 7 was .assumed and the airplane.- structure weight was assumed to 
be 30 percent of the gross weight. The normal engine specific weight 
at sea-level static conditions was assumed to be 0.45 and the weight 
of the additional equipment was the same as that presented in fig- 
ure 5. The engines were assumed to be installed in nacelles. The 
nacelle and fuselage drag and the drag' of the additional equipment 
were deducted from the engine thrust in calculating the gross weight 
from the lift -drag ratio. All calculations were based on an engine 
having a normal thrust at sea-level static conditions of 10,000 pounds 
and weighing 4500 pounds. The engine .frontal area was taken as 

12jy square feet. Each point on the curves in figure 7, therefore, 

represents a different airplane, because the airplane becomes larger 
as the augmentation and the thrust increase . 

Operation with the normal engine is shown by the cross in the 
lower left corner. The various lines represent the different methods 
with varying amounts of augmentation. The numbers on the curves are 
values of- the thrust ratio. The ratio of ordinate to abscissa and, 
therefore, the slope of the slanting lines connecting the points on 
the curves with the origin represent the maximum range of the airplane 
When all the disposable load is fuel. These slopes have been labeled 
directly in terms of range on the outer scale. The normal engine, for 
example, has a maximum range of 233 miles. The initial point for tail- 
pipe burning at a thrust ratio of 1 is at a lower disposable load and 
range than the normal engine because of the loss in thrust and the 
increase in drag when the engine is equipped for tall -pipe burning. 

As the augmentation by tail-pipe burning is increased to stoichiometric, 
the ratio of disposable load to gross weight and the range are increased 
without much increase in liquid rate per unit gross weight. The liquid 
rate per ton mile remains nearly constant with augmentation by tail-pipe 
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■burning in spite of the increase in specific fuel consumption for the 
following reason: One of the important factors that affects this 

quantity is the. liquid rate per hour per pound of net thrust where 
the net thrust is defined as the difference between the engine thrust 
and the engine nacelle drag. By augmentation the engine thrust is 
increased without an increase in nacelle drag and hence the percentage 
increase in net thrust is greater than the percentage increase in 
engine thrust. This effect tends to offset the increase in fuel rate 
per pound of engine thrust to give an approximately constant liquid 
rate per pound of net thrust (and hence gross weight) with increase 
in augmentation by tail-pipe burning. 

At the point of maximum augmentation by tail-pipe burning the 
gross weight is approximately 3.5 times the gross weight for normal 
operation. The. decrease in range that is obtained with tail-pipe 
burning by decreasing the gross weight to the same value as for 
normal operation is also shown (fig. 7). Although the range is 
decreased about 100 miles by decreasing the gross weight, the range 
is still considerably greater than with the normal engine. The maxi- 
mum range with tail-pipe burning is 590 miles. Adding water injec- 
tion to tail-pipe burning increases the disposable load but the 
increase in liquid rate per unit gross weight results in a slightly 
shorter maximum range than with tail-pipe burning alone. Water injec- 
tion alone results in about the same maximum range as the normal 
engine.- The. principal effect of bleedoff is to increase the dis- 
posable load per unit gross weight with an increase in liquid rate 
per unit gross weight and some decrease in maximum range. From 
these curves, it may be concluded that for a flight Mach number of 
1.50, tail-pipe burning is the only method when used for the entire 
flight that will increase the range over that of a normal engine. 

These results are based bn rather conservative estimates of 
engine performance. In order to determine whether the tail-pipe - 
burning or the tail-pipe -burning plus water -inject ion method 
increases the range of a normal engine when' the engine is much more 
efficient, these methods are compared for two different engines in 
figure 8. The results for engine A are the same as those presented 
in figure 7. For engine B both the compressor and turbine efficiencies 
were increased 5 percent and the inlet -diffuser efficiency was 
increased from 0 ; 80 to 0.965. Somewhat lower values for the engine 
weight and frontal area were also assumed. The maximum range of the 
engine B without tail-pipe burning is 750 miles. As the augmentation 
increases, the maximum range increases to 1000 miles. Maintaining 
the same gross weight for the augmented engine as for the normal 
engine gives a maximum range of 940 miles for engine B with augmentation. 
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Although this increase in range with the addition of tail-pipe 
burning is not as great as for engine A, it appears safe to con- 
clude that even with a highly efficient engine the addition of tail- 
pipe burning increases the maximum range,, 

SUMMARY OF RESULTS 

From a theoretical comparison of various methods of thrust aug- 
mentation, it may be stated that either bleedoff or rocket assist 
offers the possibility of large thrust increases at the expense of 
high values of specific liquid consumption. For small increases in 
thrust, water injection offers the advantage of extreme simplicity 
and light weight. Tail-pipe burning offers the advantages of light 
weight with thrust increases intermediate between those for water 
injection and bleedoff and of the lowest values of specific liquid 
consumption. Tail-pipe burning may, however, involve some loss of 
thrust during unaugmented operation. The combination of tail-pipe 
burning plus water injection permits a flexible system, either 
providing large amounts of augmentation with a moderate specific 
liquid consumption or smaller amounts with a low specific liquid 
consumption-. For continued operation at supersonic speeds, tail- 
pipe burning appears to be the only augmentation: method of those 
considered that increases the maximum range over that obtained with 
the normal engine . 
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AUGMENTED THRUST/NORMAL THRUST 



(a) Altitude, sea level; flight Mach number, 0; low- 

pressure-ratio compressor (pressure ratio, 4.3 to 5.0). 

Figure 1. - Variation of ratio of augmented to normal thrust 
with ratio of total liquid to normal fuel. 



(b) Altitude, sea level; flight Mach number, 0.05; low- 
pressure-ratio compressor”(pressure ratio, 3.7 to 4.6). 

Figure 1. - Continued. Variation of ratio of augmented to normal 
thurst with ratio of total liquid to normal ft^l. 


AUGMENTED THRUST/NORMAL THRUST 




Figure 1* - Continued. Variation of ratio of augmented to normal 
thrust with ratio of total liquid to normal fuel. 



(d) Altitude, 35,000 feet; flight Mach number, 2.50; low- 
pressure-ratio compressor (pressure ratio, 2.6 to 4.1). 

Figure 1. - Concluded. Variation of ratio of augmented to normal 
thrust with ratio of total liquid tt>. normal fuel. 
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.gure 3. - Effect of flight Mach number on maximum available 
thrust augmentation* Altitude, 35,000 feet; low-pressure- 
ratio compressor (pressure ratio, 2.6 to 6.0). 


MAXIMUM AUGMENTED THRUST 
NORMAL THRUST 





•TAIL-PIPE BURNING 
PLUS WATER INJECTION 



ADDITIONAL WEIGHT OF EQUIPMENT AUGMENTED THRUST/NORMAL THRUST 

ADDITIONAL THRUST 




TOTAL LIQUID/NORMAL FUEL 


Figure 4. - Effect of compressor pressure ratio on thrust 
augmentation and ratio of total liquid to normal fuel. 
Altitude, sea level; flight Mach number, 0.85. 



Figure 5. - Variation of specific weight of augmentation 
equipment with ratio of augmented to normal thrust. 
Altitude, sea level; flight Mach iqumber, 0; low-pressure- 
ratio compressor. 
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TOTAL WEIGHT RATIO (ENGINE PLUS LIQUIDS) 




AUGMENTED THRUST RATIO 

Figure 6. - Effect of thrust ratio on total propulsive weight 
for given flight time. Altitude, 35,000 feet; flight Mach 
number, 0.85; time of operation, 5 minutes. (Normal engine 
with same thrust as augmented engine.) 



Figure 7. - Load-range characteristics of airplane powered bv 
turbojet engines with various methods of thrust' augmentation 
Altitude, 35, 000 feet; flight Mach number, 1.50. 





LIQUID RATE LB 
GROSS WEIGHT’ TON-MILE 

Figure 8. - Comparison of. load-range characteristics of airplane 
with two different engines. Altitude, 35,000 feet; flight 
Mach number, 1.50. 
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